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ABSTRACT

A conventional helicopter has limits on performance at high speeds because of the
limitations of main rotor, such as compressibility issues on advancing side or stall issues on
retreating side. Auxiliary lift and thrust components have been suggested to improve performance
of the helicopter substantially by reducing the loading on the main rotor. Such a configuration is
called the compound rotorcraft. Rotor speed can also be varied to improve helicopter
performance. In addition to improved performance, compound rotorcraft and variable RPM can
provide a much larger degree of control redundancy. This additional redundancy gives the
opportunity to further enhance performance and handling qualities.

A flight control system is designed to perform in-flight optimization of redundant control
effectors on a compound rotorcraft in order to minimize power required and extend range. This
“Fly to Optimal” (FTO) control law is tested in simulation using the GENHEL model. A model
of the UH-60, a compound version of the UH-60A with lifting wing and vectored thrust ducted
propeller (VTDP), and a generic compound version of the UH-60A with lifting wing and
propeller were developed and tested in simulation. A model following dynamic inversion
controller is implemented for inner loop control of roll, pitch, yaw, heave, and rotor RPM. An
outer loop controller regulates airspeed and flight path during optimization.

A Golden Section search method was used to find optimal rotor RPM on a conventional
helicopter, where the single redundant control effector is rotor RPM. The FTO builds off of the
Adaptive Performance Optimization (APO) method of Gilyard by performing low frequency
sweeps on a redundant control for a fixed wing aircraft. A method based on the APO method was
used to optimize trim on a compound rotorcraft with several redundant control effectors. The
controller can be used to optimize rotor RPM and compound control effectors through flight test
or simulations in order to establish a schedule. The method has been expanded to search a two-

dimensional control space. Simulation results demonstrate the ability to maximize range by
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optimizing stabilator deflection and an airspeed set point. Another set of results minimize power
required in high speed flight by optimizing collective pitch and stabilator deflection. Results show
that the control laws effectively hold the flight condition while the FTO method is effective at
improving performance. Optimizations show there can be issues when the control laws regulating
altitude push the collective control towards it limits. So a modification was made to the control
law to regulate airspeed and altitude using propeller pitch and angle of attack while the collective
is held fixed or used as an optimization variable. A dynamic trim limit avoidance algorithm is
applied to avoid control saturation in other axes during optimization maneuvers.

Range and power optimization FTO simulations are compared with comprehensive
sweeps of trim solutions and FTO optimization shown to be effective and reliable in reaching an
optimal when optimizing up to two redundant controls. Use of redundant controls is shown to be
beneficial for improving performance.

The search method takes almost 25 minutes of simulated flight for optimization to be
complete. The optimization maneuver itself can sometimes drive the power required to high
values, so a power limit is imposed to restrict the search to avoid conditions where power is more
than5% higher than that of the initial trim state. With this modification, the time the optimization
maneuver takes to complete is reduced down to 21 minutes without any significant change in the

optimal power value.
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Chapter 1

Introduction

1.1 Background

Although conventional helicopters are efficient air vehicles for hovering and low to
moderate speed forward flight, faster and more agile configurations are necessary for increasing
the capabilities of VTOL aircraft, especially in high-speed forward flight. There are certain
problems related to high-speed forward flight for conventional helicopters. In forward flight, each
blade of the main rotor experiences a different velocity, which is the sum of the velocity of the
blade section due to the rotational velocity and the velocity of the rotorcraft. Thus, the velocity on
the retreating and advancing side of the blade are different. The variation of velocity on rotor
blade around the azimuth as well as the radial variation results in certain limitations. These
limitations are blade stall and reverse flow on the retreating side, compressibility effects due to
the high Mach number on the advancing side. Overcoming the limitations and improvements on
the helicopter performance can be achieved by decreasing loading on the main rotor (lift and
thrust) using auxiliary lift and thrust components and reducing rotor speed to lower the tip Mach
number. A slowed rotor results in reduced power required and increased maximum speed.
Variable rotor speed may have potential problems associated with complexity, vibration and rotor
stability; however, modern flight control methods can resolve these issues.

Conventional helicopters are limited in the trim states achieved. Typically a given flight
condition (airspeed, altitude, weight) is defined by a unique trim state (as defined by pilot
controls and aircraft attitude) and the rotorcraft performance (e.g. power required) is then defined

by the trim state. Compound rotorcraft and variable rotor speed provide redundancy in controls
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and create an opportunity to optimize the trim state. Adjustments to redundant controls can be
used to minimize power required, reduce noise, and reduce structural loads and vibration, or some
hybrid objective. There are two possible approaches on how to determine optimal trim. One
approach is to perform a detailed trim study and obtain trim for every possible flight condition
with varying redundant controls and then determine the optimum via post-processing. Another
approach is to perform optimization in flight. Various optimization methods can be applied to
determine optimal redundant controls. The choice of optimization method is critical; it should be
quick and stable. In-flight optimization methods require well designed flight control systems that
can optimize trim while holding flight condition, since rotorcraft performance is sensitive to

changes in flight condition.

1.2 Literature Review

Various compound rotorcraft configurations have been studied by researchers to increase
the capabilities of conventional helicopters. In order to increase the performance of a helicopter
auxiliary lift and thrust components are suggested to be used, as well as rotor speed reduction.
The use of additional control effectors and variable rotor speed configurations provide
redundancy in controls. Hence optimization of the redundant controls plays an important role for
high performance seeking rotorcraft.

This literature review provides a summary of studies about compound rotorcraft, variable
rotor speed configurations and some optimization methods applied to engineering problems

which can be used for optimizing the performance of a compound rotorcraft.



1.2.1 Conventional Helicopter and Limitations

Johnson [1] describes a helicopter as an aircraft that uses rotating wings to provide lift,
propulsion, and control. The main rotor, therefore, is the major source of forces and moments that
drives lift, propulsion, and control of position, attitude and velocity. Particularly for translational
flight, forward tilt of the rotor (propulsive force) is required. In contrast to helicopters, fixed wing
aircraft have separate aerodynamic surfaces to provide lift, propulsion, and control [2, 3].
Newman [4] describes the difference between a fixed wing aircraft and a conventional helicopter
by comparing sources for lift and propulsion. While lift and thrust sources are separated for a
fixed wing aircraft, main rotor is the source of lift and thrust for a helicopter.

Helicopters are unique for their ability to hover. Since rotor blades observe airflow due to
the rotation of main rotor, they can provide lift to overcome weight while the helicopter has no
motion relative to the air. However, forward flight is challenging; with increasing translational
speed, airflow observed by the individual blades start to differ. Therefore, aerodynamic behavior
of air flow through rotor blades varies significantly as the helicopter transitions from hover to
ever increasing forward flight speeds [1, 5, 6]. Figure 1-1 shows the relative airspeed experienced
by main rotor blades during forward flight. This asymmetry of lift and variation in local velocity
on the rotor becomes more pronounced with the increase of airspeed. The variation of airspeed on
rotor blades results in unsteady and asymmetric distribution of aerodynamic forces and moments
on rotor at forward flight.

Increasing airspeed raises the local velocity at the tip of the advancing side blade, which
limits the maximum airspeed of helicopter, since airspeed at the tip approaches the speed of
sound. As the Mach number reaches one, shock waves occur and also reduce the stall angle of the
blade; limiting the lifting force obtained from the advancing side blade. Also high-speed flight

results in fuselage/hub drag rise and this requires higher power [7, 8, 9, 10].
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On the retreating side, increased longitudinal cyclic and collective pitch, due to the
requirement of higher thrust from the rotor to offset increased drag, brings retreating side blades
to reach their airfoil specific stall angle of attack. Stall terminates any usable lift provided by the
blade. On the root region of the retreating side blade, a reverse flow region arises with a size
proportional to advance ratio. This effect is shown in Figure 1-1. The reverse flow region reduces
the useful area of the rotor and reduces maximum achievable lift. For this reasons, the fore and aft
of the rotor have to generate more lift to compensate for the loss on the retreating side, which
eventually increases the induced power [7, 8, 9, 11]. The unsteady and complex aerodynamic
environment of the rotor induces high vibration levels, which leads to reduction in component life
due to fatigue [8, 12, 13, 14]. Figure 1-2 shows the aerodynamic environment of main rotor in

forward flight.
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Figure 1-1: The Effect of Forward Flight VVelocity on a Helicopter Main Rotor [6].

For the conventional helicopter, the only degree of freedom available to overcome issues
of main rotor in forward flight is the rotor rotation speed. However, rotor speed variation cannot
solve problems of advancing and retreating sides simultaneously. Although reducing rotor speed
may reduce the Mach number at the advancing side and may solve compressibility issues, a larger
portion of retreating side will then experience reverse flow and whole retreating side will have
higher angle of attack. On the other hand, increasing rotor speed may relieve the retreating side
issues with reverse flow and retreating blade stall, but advancing side Mach number increases.

As a result, these aerodynamic issues in forward flight limit conventional helicopters
maximum airspeed and maneuverability. Another approach to the vehicle configuration that
would be beneficial for high-speed flight is required. Helicopter compounding is a method that

can be used to improve performance of existing helicopters.
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Figure 1-2: Rotary-Wing Flight Aerodynamics [15].

1.2.2 Compound Rotorcraft

A better way to solve issues of conventional helicopters in forward flight and enable
higher airspeed is to use auxiliary lift and propulsion components. There are numerous examples
of helicopter compounding. Compounding a helicopter with auxiliary components has to be
categorized depending on how the compounding occurs. Two main categories are lift
compounding and thrust compounding. A helicopter with both lift and thrust compounding is

called fully compounded rotorcraft [9].



1.2.2.1 Lift Compounding

According to Sekula and Gandhi [12], lift compounding is using non-rotating lifting
surfaces to provide auxiliary lift at high-speed flight; therefore, the main rotor lift requirements
are reduced. Numerous studies investigated the effectiveness of lift compounding. One advantage
of lift compounding is that it can reduce rotor vibrations [12, 16-19]. Since the new lift
requirement is lower for main rotor, smaller blade angles of attack are needed. Therefore,
advancing side compressibility effects can be reduced [16, 19] and retreating side blade stall
problems can be avoided [17, 20-24]. Lynn [17] listed the results of investigations on wing-rotor
combinations considered by Bell Helicopters. Addition of only wing for auxiliary lifting device
gives significant efficiency gains above the speed of 120 knots. Some amount of rotor unloading
is desirable for speeds 140 to 180 knots. However, above 200 knots auxiliary propulsion is
required.

On the other hand, use of wings will increase the drag of overall aircraft [9], requiring
main rotor to provide larger propulsive force. This requires a significant forward tilting of the
main rotor thrust vector to support necessary propulsive force. Thus it leads to nose down
fuselage pitch. Another disadvantage of lift compounding is the large download in hover due to
the interaction with rotor downwash that decreases the hover performance [20, 25, 26]. Lift
compounding can also result in an increase of main rotor sensitivity to gusts [16, 17] and a
reduction in phugoid mode stability at high forward speed flight conditions [16, 27].

Capability to change wing incidence may solve rotor-wing interactions and high
download in hover, but it adds complexity and additional weight to the system. A better solution
is using plain flaps; they tend to have good download reduction capabilities [28]. Wing lift can be
controlled using plain flaps without changing the wing pitch angle, and plain flaps can be used as

ailerons when deflected differentially [7, 9, 25].
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A wing used as a lift compounding component has to be designed carefully. Studies
showed that high aspect ratio wing and large rotor-wing separation distance reduces power
required by reducing the interference between rotor and wing [12, 25, 26]. In particular, wing
area should be selected to balance vibration reductions and high-speed performance gains with
hover performance reduction [16, 17]. Autorotation requirements must be considered for the
design of the wing. Large wings can cause an autorotation problem that is characterized by rotor
speed reduction and decrease in rotor control responsiveness [17]. A significant roll control
problem can occur during autorotation because one wing can stall before the other due to the

increase in descent rate, resulting in roll disturbances.

1.2.2.2 Thrust Compounding

Auxiliary thrust components reduce or eliminate the need for propulsive force from the
main rotor in forward flight. Numerous studies investigated benefits of thrust compounding. Key
advantages are higher forward flight speed, low to near level fuselage attitude in forward flight,
reduced vibration, and increased fatigue life of the rotor [12, 29]. The main reason for these
benefits is the reduction of propulsive force generated by the rotor, which leads to lower forward
tilt of the rotor followed by lower fuselage tilt [16, 29]. Obtaining level fuselage in forward flight
can increase passenger comfort and can be useful for military applications [30]. In addition,
reduction in power applied to the rotor leads to reduced anti-torque required to stabilize
rotorcraft.

Thrust compounding also has critical design tradeoffs. Use of auxiliary thrust
components increase the empty weight of the rotorcraft significantly, which results in an increase
in the cost and complexity in the design of the rotorcraft. Also mechanical complexities arise with

thrust compounding [21, 30, 31]. Other disadvantages are blade stall problem and reverse flow at
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the retreating side, and compressibility effects on the advancing side, since the rotor is the only
source for lift at high-speed flight [12, 25, 29, 30, 32]. The use of the Advancing Blade Concept
(ABC) or Lift Offset Concept overcomes these issues. With the use of coaxial rotors, retreating
side blades are offloaded; therefore, blade stall and reverse flow problems can be minimized. At
high-speed flight, rotor speed is reduced and required propulsive force is maintained by auxiliary
propulsive component. Thus, the aft tilt of the rotor increases the autorotative state of rotor,
reducing the main rotor power requirement [33, 34].

Various methods can be used for thrust compounding. A turbojet engine can be used as
auxiliary thrust component, which has high thrust to weight ratio. However, the operating
airspeed for a compound rotorcraft may reach from 200kts to 300kts, which is below the efficient
operating range of a turbojet engine [26, 32]. A propeller has an operating range that better
matches that of compound rotorcraft. Use of propellers, on the other hand, has some
disadvantages; such as, interference from the rotor, ground personnel safety, and noise. Operating
in the wake of rotor can apply significant bending moments on the propeller blades; therefore, the
best place for propeller is usually chosen to be the tail, which has maximum possible separation
from the rotor wake [26].

Some examples for rotorcraft with thrust compounding are the Bell 533, Lockheed XH-
51, Sikorsky’s XH-59A and X2 [14, 18, 24, 33- 38]. Figure 1-3 shows the XH-59A and Figure 1-
4 shows the X2 thrust compounded rotorcraft. Both are coaxial and use the lift offset concept.

XH-59A is compounded with a jet engine whereas X2 is compounded with a pusher propeller.
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Figure 1-3: Sikorsky XH-59A [38].

Figure 1-4: Sikorsky X2 Technology™ Demonstrator [38].

1.2.2.3 Full Compounding

Fully compounded rotorcraft use both auxiliary lift and thrust components to reduce
loading on the rotor for both lift and propulsion requirements at high-speed flight [4, 9, 11, 16,
25, 26, 29, 30, 32]. Thus, problems arising for conventional helicopter are resolved with the
offloading of rotor. Use of both lift and thrust compounding provides significant benefits.
Although auxiliary lift compounding is efficient at high-speed flight, it requires higher forward

tilt of the rotor to maintain a propulsive force. Therefore, the maximum achievable speed is
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limited. Similarly, auxiliary thrust compounding provides the propulsive force required at high-
speed flight, but then rotor loses its lifting efficiency that limits the maximum achievable speed.
On the other hand, fully compounded rotorcraft addresses both drawbacks and aircraft can reach
higher speed flight [7, 26]. There are numerous studies confirming the significant increase in
maximum forward velocity [16-19, 32]. One of the most significant advantages of fully
compounded rotorcraft is the reduction of rotor vibration [8, 12, 14, 16-19, 24, 29, 30, 32, 39-42].
Vibration is reduced by avoiding the blade stall problems on retreating side of the rotor and
compressibility effects on advancing side. Some examples of fully compounded rotorcraft are
Sikorsky’s NH-3A, Piasecki’s X-49, Lockheed AH-56 Cheyenne, and Eurocopter’s X3 [32, 43-

45]. Figure 1-5 shows Eurocopter’s X3.

Figure 1-5: Eurocopter’s X3 [42].

The major disadvantage of using fully compounded configuration is the increased weight
of the vehicle when auxiliary thrust and lift components are added [39]. Additional lift and
propulsive components with the backup structures that they require can create an empty weight
penalty, which is around five percent of the aircraft gross weight [21].

Another important issue is the level of structural loads supplied by the auxiliary
components. It should carefully be studied to avoid any vibration problems. Any mismatch

between wing-rotor loading and auxiliary propulsive force can result in vibratory loads [16]. The
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location of wing and auxiliary thruster with respect to the center of gravity (CG) of the rotorcraft
is an important design variable.

Redundancy in controls is achieved by the use of rotor, wing and auxiliary thruster and
this can be used to optimize performance. The distribution of lift and propulsive forces for
compound rotorcraft leads to non-unique trim. For a fully compounded rotorcraft this comes
about through the redundant control of auxiliary thrust. Figure 1-6 shows the pitch angle of tip
path plane for different compounding configurations at different airspeeds and Figure 1-7 shows
the fuselage and wing pitch angles [29]. For the case with auxiliary propulsion in idle condition,
main propulsive force is generated from the rotor and rotor is tilted forward followed by a nose
down attitude of the fuselage, where nose down pitch attitude results in less lift from the wing.
For the case with auxiliary propulsion in full power and propelling the rotorcraft, main propulsive
force is generated by propellers and rotor is tilted backward followed by a nose up attitude of the
fuselage that results in more lift generated by the wing [29]. For the compound flight condition,
the rotor collective pitch is fixed to 40% (10 deg) and 50% (11.5 deg) of the over the speed range
and auxiliary propulsion is set to the required thrust level. The wing pitch attitudes are shown in
Figure 1-7 and it can be deduced that for a low rotor collective pitch value, wing pitch attitude

increases to compensate the total lift required.
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1.2.3 Variable Rotor Speed

Although the vast majority of helicopters are designed to operate with a constant rotor
speed, variable rotor speed rotorcraft is another way of achieving redundancy in control. Variable
rotor speed is achievable for both conventional and compound rotorcraft. The variations in rotor
speed have potential problems associated with rotor stability and modern flight control methods
such as rotor state feedback can potentially resolve these issues [46, 47]. Rotor speed reduction
has been proposed for rotorcraft where advancing tip Mach number is a constraint for the
maximum speed; therefore, a slowed rotor results with reduced power required and increased
maximum speed. However, a reduction in rotor speed results in stall issues on retreating side of
the rotor. Compound configurations [48] and Advancing Blade Concept (ABC) coaxial
configuration [33, 34, 49] were proposed as methods to be applied for resolving stall issues on
retreating side. A method, called Optimum Speed Rotor (OSR), proposed by Karem [50] uses
large variations in rotor speed to reduce power required on a conventional rotorcraft configuration
in the low to mid-speed range. The rotor speed reduction allows the rotor blades to operate at a
more efficient lift to drag ratio and has been shown to improve endurance. The OSR is used on
the A-160 Hummingbird unmanned helicopter.

With the aid of improved analysis tools, active control technology, advanced propulsion
and drive systems, variable rotor speed could be applied to rotorcraft in order to obtain higher
performance and maneuverability. Steiner and Gandhi [51] conducted a rotor speed optimization
study using a comprehensive performance analysis and showed substantial potential power
reductions available from reduced rotor speed. Horn and Guo [52, 53] produced similar results
using a real-time simulation code and designed a flight controller to follow the optimal rotor

speed schedule.
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1.2.4 Trim Optimization

The concept of using control redundancy to optimize trim has been proposed for
compound rotorcraft [43]. Geiger et al [44] performed a trim optimization study for a compound
rotorcraft, a version of the UH-60 with lifting wing and vectored thrust ducted propeller (VTDP),
called UH-60L/VTDP. Geiger [7] also proposed a flight control system to accommodate
redundant control effectors with the trim conditions. In that study, the simulation model trim
solver was used to generate numerous (over 300000) solutions for all permutations of trim
conditions in order to minimize a combination of power required and vibration index.

The method used for determining the optimal trim by Steiner and Gandhi [51], and Horn
and Guo [52, 53] had similarities to that of Geiger [7], in that it involved an extensive survey of
trim solutions. The method was extended to include variations in weight as well as climb and
descent maneuvers. One issue realized in the research of Guo, Steiner, and Geiger, is that the
sheer volume of data required to generate an optimization database can be problematic. The
required data increases exponentially with the increased number of permutations resulting from
added control redundancy or variations in flight condition. The optimization process relies on
trim solutions, which can be time consuming and in some cases unreliable. Furthermore, while
such databases can be generated from simulation models, collecting corresponding data in flight

would be prohibitively expensive.

1.2.5 Optimization Methods

There are numerous optimization methods used in engineering problems by researchers.
Bodson [54] compared four control allocation methods using three simple algorithms on different

models and order for the optimization problem of a C-17 fixed wing aircraft model. The study
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suggested that use of a constrained optimization method with fixed number of iterations is the
best and quickest way to reach optimal performance. Schultz and Zagalsky [55] used equations of
motion and aircraft dynamics to optimize controls for a given performance characteristic of a
fixed wing aircraft. The study suggests that the resultant control charts can either be used as a
reference for the control system designer or it can be provided on the display to the pilot in real
time for an optimal trajectory or control information.

Gilyard used a method originally developed for fixed-wing transport aircraft, Adaptive
Performance Optimization, which applies excitation in a raised-cosine form over a period of time
[56-59]. Adaptive Performance Optimization (APO) is a method of identifying unknown
performance characteristics from a forced response, using a low frequency, smooth maneuver.
Since the input is in low frequency, it is assumed that the aircraft is approximately in steady state
trim throughout the maneuver. Gilyard achieved drag minimization by applying a low frequency
sinusoidal command spanning the whole range of symmetric outboard aileron. The simulation
results were compared and agreed with flight test data. The aircraft response and variation in
incremental drag during the forced-excitation of symmetric outboard aileron are shown in Figure
1-8 and 1-9. The maneuver generally takes a shorter amount of time when compared to iterative

methods, since it spans the whole control range.
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1.3 Research Objectives

Although a significant amount of study has been done in the past on compound rotorcraft
configurations and performance optimization of rotorcraft, the real-time performance
optimization of compound rotorcraft has not been studied in detail. In-flight optimization
techniques avoid the extensive search of trim solutions to generate optimization database which
requires running a lot of simulation cases or even flight tests to collect data.

This study aims to investigate an advanced flight control system design that allows in-
flight performance optimization. The concept is called “Fly to Optimal” (FTO). While
maintaining trim with a stabilizing controller, perturbations are generated and performance is
measured in flight. The measured response is used to drive the redundant controls and the trim

state to an optimal.
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In order to achieve the objective the following technical approach is proposed:

e GENHEL-PSU is the simulation tool used for this research and it is modified to
model a generic compound rotorcraft with lift and thrust compounding as well as
a conventional UH-60A helicopter model.

e Basic understanding of the rotorcraft trim theory helps identifying the use of
redundant control effectors. Since there is not a unique trim state for a compound
rotorcraft, it is crucial to know and define different trim states for the same flight
condition. This will later allow choosing the trim method desired for different
flight conditions. For example, at high-speed forward flight trim, collective
control can be set to a constant and trim can be performed for auxiliary thrust.

e Integrated flight control system design is an important part of this study. The
control system should be designed to avoid any changes in the flight condition
during optimization process, because performance measurements are sensitive to
the changes in flight condition. Also the control system should use the compound
rotorcraft controls in addition to conventional rotorcraft controls and variable
rotor speed as redundant control effectors.

e Various optimization methods are studied and implemented using the integrated
flight control system. Comparisons between different optimization methods help
choose the faster and more accurate method. Steepest Descent, Golden Section
and Adaptive Performance Optimization methods are chosen to be investigated in
this study.

o Comprehensive sweeps of trim solutions of the rotorcraft are performed using the
simulation model. The aim of this analysis is to provide confirmation of in-flight
optimization results. Also the trim analysis help explore the constraints of the

model using redundant control effectors.
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This study features differences from the previous research, including:

This study uses a high fidelity simulation model of UH-60A helicopter with
conventional configuration of main rotor and tail rotor. The model is modified to
accommodate auxiliary lift and thrust components to develop a generic
compound rotorcraft with variable rotor speed.

Two different compound rotorcraft models are used in this study. One model has
a wing and a vectored-thrust-ducted-propeller (VTDP) without a tail rotor
(similar configuration to X-49 compound rotorcraft design) and the other model
has a wing and a pusher propeller with tail rotor.

The Adaptive Performance Optimization (APO) method is applied to a rotorcraft
in this study and optimization of two control effectors performed simultaneously
using the APO method to optimize the power required and the specific range of
generic compound rotorcraft.

The flight control system is designed to control the rotorcraft and the rotor speed
actively, while performing optimization using model following and dynamic
inversion controller.

The proposed flight control system design is performed at different flight speeds

and rotor speeds with different optimization methods.
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Chapter 2

Aircraft Dynamic Model

This chapter presents the aircraft model and the simulation program used in this study.
Sikorsky’s UH-60A Black Hawk is used as the baseline configuration and the non-linear
mathematical model of the aircraft model was developed, which is based on Sikorsky General
Helicopter (GENHEL) Flight Dynamics Simulation. GENHEL is a well-established Fortran-
based simulation code that represents the flight dynamics and has been verified with flight test

data. GENHEL is a suitable tool for performance and control design studies.

2.1 GENHEL Model Background

The aircraft model is developed with Penn State version of Sikorsky General Helicopter
Flight Dynamics Simulation (GENHEL) program called GENHEL-PSU. GENHEL-PSU is based
on the U.S. Army/NASA Ames GENHEL model [7, 60-63] of the UH-60A Black Hawk, which
is a well-established Fortran-based simulation code. The GENHEL model is a non-linear, blade
element flight dynamics model of a UH-60A helicopter whose accuracy is adequate for handling
qualities evaluation and flight control design. The GENHEL simulation program models forces
and moments in six degree of freedom without using small angle assumptions. In addition to rigid
body degrees of freedom, four rotor flapping, four rotor lagging, one rotor rotational and
additional degrees of freedom and dynamic states due to inflow, engine dynamics, actuators are
modeled. The simulation program is structured in a modular fashion, with both primary and
supporting modules and subroutines. The primary modules and subroutines model the major
aircraft components such as, the main rotor, tail rotor, fuselage, horizontal and vertical tails, and

the engine. The supporting modules and subroutines approximate aerodynamic forces and
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moments, and flight conditions such as takeoff and landing. The relationship of subroutines is

shown in Figure 2-1.
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= Velocity [— H
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Control Sum Forces
System ™ and Moments

Vertical Tail
Harizontal Tail
Tail Rotor
. System | _
AFCS Models
Model | Sensor | _
- Models |~

Figure 2-1: Structure of GENHEL [62]

GENHEL-PSU was developed and used at the Penn State Multi-Disciplinary Rotorcraft
Simulation Facility (MDSRF) [60] and now on Penn State VLRCOE Rotorcraft Simulation
Facility. The facility, as shown in Figure 2-2 , includes a fixed-base cab with electronic control
loaders, a 180 degrees field of view on an 11-ft high by 15-ft diameter cylindrical screen, and flat

screen instrument panels. The cockpit also includes programmable switches.

Figure 2-2: The VLRCOE Rotorcraft Simulation Facility
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Several modifications were made to improve and add new features to GENHEL. Some of

the modifications made prior to this study are described as followed:

There is a network interface with real-time simulation environment to transmit
data from the flight dynamics model to the external flight simulation software
FlightGear. As required by this interface code developed in C++, the GENHEL-
PSU code is compiled and executed with Intel Fortran Compiler 9.1 and
Microsoft Visual Studio 2005 under 32-bit or 64-bit versions of Windows XP
operating system, which not only provides debugging features but also allows
easy compilation of mixed-language code.

An interface with the MATLAB software environment provides a straight-
forward interface to perform the simulation and data analysis. MATLAB scripts
can be used to specify the operation points and perform a large number of trim,
linearization, and numerical simulations. Therefore, all the trim results, linearized
models, and the simulation time history data can be managed, analyzed, and
displayed with MATLAB tools.

High order linearized models can be generated using a perturbation method. The
28-state vector includes 8 rigid body fuselage states (3 velocities and 3 angular
rates in body axes, pitch and roll Euler angles), 12 rotor states (flapping and
lagging dynamics in multi-blade coordinates), 3 inflow states (Pitt-Peters model),
and 5 engine states (rotor speed, gas generator speed, turbine temperature, fuel
flow, and Hydro-Mechanics Unit (HMU) load demand spindle). The input vector
consists of the lateral and longitudinal cyclic pitches, collective pitch, pedal, and

the RPM governor input to the engine's HMU.
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e GENHEL-PSU can disable independent channels of the existing UH-60A

Mechanical Control System, Stability Augmentation System (SAS) and Flight
Path Stabilization System (FPS) and interface with modified, user-defined flight
control laws. The flight control modules are completely decoupled from the flight
dynamics model. Hence the new flight control design could be implemented fast
and integrated seamlessly.

e Modified control laws can be designed in Simulink and transitioned directly to the
simulation software using Real-Time Workshop, providing an efficient “pictures-to-

code” development environment.

2.1.1 Modifications on GENHEL-PSU for Variable Rotor Speed

In the study by Guo, the rotor speed variation was implemented by changing the engine’s
power turbine speed [63]. Rotor speed control on UH-60A is achieved by using the Electrical
Control Unit (ECU) and the HMU [64]. The engine and fuel control system in GENHEL-PSU
was modified and a rotor speed controller was developed to replace the ECU. The proposed rotor

speed range is between 80% and 120% of nominal rotor speed of 27 rad/sec.

2.1.2 Modifications on GENHEL-PSU for Compound Helicopter Model

In the present study, two different compound rotorcraft models have been studied. Initial
analyses have been performed for UH-60L/VTDP compound rotorcraft, which is a similar
configuration of Piasecki’s X-49 SpeedHawk design with a wing and a vectored thrust ducted
propeller (VTDP). Further analyses have been performed for a generic compound rotorcraft

model of the baseline UH-60A helicopter with a wing and a pusher propeller. The first
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configuration of VTDP compound rotorcraft used in the simulation in references [7, 43, 62] is
based upon the UH-60L/VTDP (Vectored Thrust Ducted Propeller) compound helicopter, as
shown in Figure 2-3. This configuration includes normal helicopter components along with wings
and a ducted fan whose thrust vector can be controlled. The wing features both flap and aileron
controls and mounted in a high position. The VTDP replaces the tail rotor, horizontal tail and the
vertical tail of the baseline helicopter model. The basic flight dynamics model of the UH-60 had
not been significantly modified from the original GENHEL model. However, a model of a
compound version of the UH-60 with a wing and a vectored thrust ducted propeller (the
configuration is similar to the X-49A compound rotorcraft design, as shown in Figure 2-4) was

included in GENHEL-PSU.

RUDDER
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Figure 2-4: Piasecki X-49A SpeedHawk VTDP Technology Demonstrator
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The GENHEL simulation program is structured in a modular fashion as shown in Figure
2-1. The primary subroutines that define the major aircraft components were modified to account
for helicopter compounding. An auxiliary thruster model replaced the tail and tail rotor and a
wing model was also added. The compound helicopter configuration is shown in Figure 2-5.

Details of the aircraft model and vehicle dynamics are given in Section 2.2.

Position
= \Velocity [ H
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Figure 2-5: Structure of Compound-Modified GENHEL [62]

The second compound rotorcraft model is a generic compound rotorcraft with a baseline
UH-60A helicopter compounded with a wing and a pusher propeller as shown in Figure 2-6. A
wing and a rear-mounted pusher propeller model were developed and added to the GENHEL-
PSU software. The tail rotor position of the compound model matches that of the UH-60A,
whereas the stabilator is moved forward to avoid interference effects to the inflow into the
propeller. The wing model developed for the UH-60L/VTDP compound rotorcraft model is used
for the generic compound rotorcraft model as well. A propeller model is developed to be
implemented in the model using blade element/vortex theory. The generic compound helicopter

configuration is shown in Figure 2-7.
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Figure 2-6: The Generic Compound Rotorcraft Configuration
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Figure 2-7: Structure of Generic Compound Rotorcraft —~Modified GENHEL [62]
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2.1.3 Recent Modifications on GENHEL-PSU

In addition to the previous modifications and added features, in this study several updates
and modification were made to improve the simulation program. Several modifications that were
made are described as follows:

e The code has been modified to use a different syntax for calling global variable
for Intel FORTRAN Compiler 9.1. Module programming units are used to have
an easier to understand code.

e Both variable rotor speed control modifications and compound helicopter
configuration modifications were synchronized to have a compound helicopter
configuration with rotor speed control.

e For high-speed flight with compound rotorcraft model, the trim algorithm is
altered. As the collective control authority diminishes rapidly at high speeds,
vertical force becomes less sensitive to collective. So auxiliary thrust component
is used to trim longitudinal acceleration, while pitch attitude trims vertical

acceleration by effectively changing aircraft angle of attack.

2.2 Vehicle Properties

The rotorcraft models used in this study are the UH-60A helicopter model, the compound
version of the UH-60A helicopter, called UH-60L/VTDP, with a wing and a vectored thrust
ducted propeller instead of a tail rotor and a tail, and the generic compound rotorcraft version of
the UH-60A helicopter with a wing and a pusher propeller. Throughout the remainder of this
thesis, ‘baseline’ term will mean a configuration based on the conventional UH-60A. The term

‘compound’ will mean a configuration based on the UH-60L/VTDP and the term ‘generic
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compound’ will mean a configuration based on the compound rotorcraft with wings and a pusher
propeller. A list of physical characteristics of baseline helicopter configuration is given on Table

2-1 and the weight and inertia properties are given on Table 2-2.

Table 2-1: Physical Properties of the Baseline Helicopter Model

Module Value Module Value
Main Rotor Vertical Stabilator
Radius (ft): | 26.83 Span (ft): | 8.167
Blades: | 4 Avrea (ft)): | 32.3
Chord(0.75R)(ft): | 1.73 Root Chord (ft): | 6
100% RPM: | 258 Tip Chord (ft): | 2.83
Airfoil: | SC 1095 Sweep (c/4) (deg): | 41
Blade Area (ft%): | 186.8 Aspect Ratio: | 1.92
Solidity: | 0.0826 Airfoil: | NACA 0021
Tip Sweep (deg): | 20 Position with respect to
Shaft Angle (deg): | 3 —fwd Main Rotor Hub
Fuselage Station (in): | -353.8
Waterline (in): | -68.0
Buttline (in): | 0.0
Tail Rotor Horizontal Stabilator
Radius (ft): | 5.5 Span (ft): | 14.38
Blades: | 4 Avrea (ft)): | 45
Chord (ft): | 0.81 Root Chord (ft): | 3.67
Angular Speed (rad/s): | 124.62 Tip Chord (ft): | 2.54
Airfoil: | SC 1095 Sweep (c/4) (deg): | O
Blade Area (ft%): | 17.82 Aspect Ratio: | 4.6
Solidity: | 0.1875 Airfoil: | NACA 0014
Cant Angle (deg): | 20 Incidence/Dihedral: | Calculated in the
Position with respect to Main Control System
Rotor Hub Position with respect to
Fuselage Station (in): | -390.8 Main Rotor Hub
Waterline (in): | 9.0 Fuselage Station (in): | -348.8
Buttline (in): | 14.0 Waterline (in): | -71.0
Buttline (in): | 0.0
General
Overall Length (ft): | 64.83
Fuselage Length (ft): | 50.06
Wheel Tread (ft): | 8.86
Wheel Base (ft): | 28.93

The relative positions of the components are given on Table 2-1. For fuselage station
positive means forward, for waterline positive means higher, and for buttline positive is towards

right. The estimated lift, drag and moment coefficients of fuselage, horizontal tail and vertical tail
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are used to calculate aerodynamic forces and moments. These tabulated values are presented
graphically in Appendix A and B. The tail rotor forces and moments are calculated by a
simplified, closed form Bailey solution as described in detail by Ref. 61.

The wake of the main rotor on the each component is calculated using lookup tables
provided, that generated from experimental data. Rotor wake is a function of longitudinal
flapping and rotor wake skew angle, which is the angle between longitudinal shaft velocity and
normal rotor inflow velocity [61]. For the compound rotorcraft models, rotor wake on the wing is
taken to be the same as rotor wake on the fuselage. Similarly, the propeller rotor wake is taken to
be the same as the rotor wake on the horizontal tail. GENHEL has control limits defined for the
main rotor pitch angles and these limits are given on Table 2-3.

Table 2-2: Weight and Inertia Properties of the Baseline Helicopter Model

Weight (Ibs) | 16830.9

Center of Gravity Position with
respect to Main Rotor Hub
Fuselage Station (in)

Waterline (in)

Buttline (in)

lx (Slug-ft)

Iy (slug-ft)

I, (slug-ft)

Iy, (slug-ft)

-25.1
-711.2
0.0
4659.0
38512.0
36769.0
1882.0

Table 2-3: Main Rotor Control Pitch Limits

Upper Limit (deg)

Lower Limit (deg)

Longitudinal Pitch 16.3 -12.5
Lateral Pitch 8.0 -8.0
Collective Pitch 25.9 9.9

Both the VTDP compound and the generic compound rotorcraft have a wing as the
auxiliary lift source. The VTDP compound rotorcraft uses the VTDP as the auxiliary thruster and
the generic compound rotorcraft uses an open pusher propeller as the auxiliary thruster. The

weight and inertia properties of both the VTDP compound and the generic compound rotorcraft
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configurations are same and given on Table 2-4. In this study the installed power for the generic
compound rotorcraft is chosen to be 4500 hp. Specific engine power available is not critical to the

analysis, as we are seeking ways to optimize power required

Table 2-4: Weight and Inertia Properties of the Generic Compound Helicopter Model

Weight (Ibs) | 20000.0
Iy (slug-ft) | 6176.0
I,y (slug-ft) | 34244.0
., (slug-ft) | 31596.0
Iy, (slug-ft) | 1839.0
Center of Gravity Position
with respect to Main
Rotor Hub
Fuselage Station (in) | -5.8
Waterline (in) | -67.0
Buttline (in) | 0.0

2.3.1 Wing Model - Lift Compounding

The wing is designed to achieve balance between minimal power/max velocity
capabilities and minimal vibrations and maximum maneuverability. An effective wing area to
disk area ratio of 10% was selected as a design point, which is more favorable for low vibrations
and high maneuverability [25]. The use of flaperons and variable rotor speed will be the main
measures to extend the maximum velocity capabilities. Each flaperon spans approximately 90%
of each wing, with a chord one-fifth of that of the wing mean aerodynamic chord such that the
location of the flap hinge is at 80% chord. A relatively high wing placement was chosen and
promotes a favorable lift distribution on the rotor and is advantageous from an operational
standpoint for egress and ingress [65]. The wing is located approximately 5 ft below the main
rotor, with its center of pressure directly above the center of gravity of the helicopter. The NACA
63-412 airfoil was selected for its favorable lift and low minimum drag capabilities with an

emphasis on minimizing power required due to drag [66]. The span and aspect ratio were selected
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from a basic structural mindset to meet the wing area constraint set by the 10% wing area to disk
area ratio. The wing planform is linearly tapered with an aspect ratio of 9.00 and in total spans
approximately 51 ft when mounted on the existing fuselage. The basic wing properties are listed
in Table 2-5.

Lookup tables for the wing lift, drag, and pitching moment coefficients were created
based a design cruise speed of 180 knots, while induced drag based on an Oswald efficiency
factor, derived from zero-lift drag characteristics and the taper ratio of the wing, is included to
account for finite wing effects [66]. For high angles of attack, quasi-steady lift, drag, and pitching
moment coefficient models were developed at the design Reynolds number. In order to develop
these models, data used from a NACA airfoil which was tested through 360 degrees and a
trigonometric function was developed to estimate the post-stall behavior. Rotor wake on the wing
is also taken into consideration for the wing force and moment calculations. The placement of the
wing plays a key role on the performance of the helicopter. High rotor-wing interference
increases main rotor power requirements and decrease autorotational performance [62]. The

tabulated values of lift, drag and pitching moment coefficients are presented in Appendix C.

Table 2-5: Physical Properties of the Compound Helicopter Model — Wing

Wing
Span (ft): | 45.0
Total Effective Wing Area (ft%): | 226.0
Root Chord (ft): | 5.5
Tip Chord (ft): | 4.5
Taper Ratio: | 1.22
Mean Aerodynamic Chord (ft): | 5.02
Aspect Ratio: | 9.00
Airfoil: | NACA 63-412
Design Reynolds Number at
Mean Aerodynamic Chord: | 9,331,000
Design Mach Number: | 0.27
Position with respect to Main
Rotor Hub
Fuselage Station (in): | -5.8
Waterline (in): | -61.0
Buttline (in): | 97.0
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2.3.2 Propeller Model — Thrust Compounding

The VTDP compound rotorcraft has the VTDP for the auxiliary thrust component and the
details of the VTDP configuration can be found in References [7, 62]. The generic compound
rotorcraft has a pusher propeller as the auxiliary thrust component. GENHEL-PSU uses look-up
tables for calculation of forces and moments for components of the rotorcraft such as the tail rotor
and tails. However, in this study the propeller is modeled with a blade element/vortex theory [66].

Blade element theory was combined with Goldstein’s classical vortex theory in order to
create a refined model of the pusher propeller [67]. Blade element theory cannot comprehensively
model a propeller, especially at low speeds. Blade stall for certain ranges of relatively high pitch
inputs at low enough speeds also creates issues. Vortex Theory was introduced and incorporated
into a baseline blade element model for a more accurate determination of inflow and sectional
angles of attack [66]. The main inputs necessary for the model include: radial chord, pitch, and
thickness variations, along with the propeller diameter, number of blades, RPM, spinner diameter,
and airfoil properties. The propeller model was validated using wind tunnel results from NACA
Technical Report 594 [68]. The wind tunnel results were also extrapolated to negative thrust
conditions to validate the reverse thrust results generated by the blade element vortex theory
model. The main propeller properties are listed in Table 2-6 and an efficiency map of the
propeller used in the compound analysis is shown in Figure 2-8. The thrust and power
calculations of the propeller are presented in Appendix D. The performance and thrust of the
propeller can be highly sensitive to both airspeed and the propeller pitch, where the range of
reasonable propeller pitch settings changes significantly with forward speed. Thus, a schedule of
propeller pitch versus airspeed was established that results in reasonable thrust and efficiencies,
as shown in Figure 2-9. This helps avoid putting the propeller in a stalled condition, reverse thrust

condition, or any other inefficient setting. The propeller is engaged at 130 knots to avoid
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operation in low efficiency regions. The propeller is scheduled with airspeed up to 220 knots at a
constant collective pitch around its maximum efficiency region. However, only the schedule up
until approximately 180 knots is needed when the high-speed flight trim algorithm is used. Rotor
wake on the propeller is also taken into consideration. Rotor wake exerts significant bending
moments on the propeller blades [7]. For the calculations, the interference factors used are the

same as those for the horizontal tail.

Table 2-6: Physical Properties of the Compound Helicopter Model - Propeller

Propeller
Diameter (ft): | 8
Number of Blades: | 7
Solidity: | 0.34
RPM: | 2160
Tip Twist (deg): | 34.6
Root Twist (deg): | 83.8
Chord (0.75R)(ft): | 0.88
Pitch (0.75R)(ft): | 42.4
Airfoil: | Clark-Y
Position with respect to Main
Rotor Hub
Fuselage Station (in): | -428.8
Waterline (in): | -79.0
Buttline (in): | 0.0




Propeller Pitch (0.75R), deg

Figure 2-8: Propeller Efficiency Map

Figure 2-9: Propeller Thrust Map and Propeller Pitch Schedule with Airspeed
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2.3 Basic Theory on Trim

The trim problem concerns the control positions required to hold the helicopter in
equilibrium [69]. Trimmed flight condition for a baseline helicopter configuration is defined as an
unaccelerated flight condition that is achieved by the application of a unique combination of the
four pilot controls and attitude without any acceleration. There are six equations of motion used
to describe the forces and moments acting on the aircraft in three-dimensional space and these
forces and moments are assumed to be functions of the four pilot controls and the translational
and rotational velocities. GENHEL-PSU numerically solves for the combination of controls and
aircraft attitude to achieve equilibrium in flight condition by driving all accelerations to zero.

The trim problem for the VTDP compound rotorcraft configuration is similar to the trim
problem for the baseline helicopter configuration. The forces added by the auxiliary thruster and
acting on the wings and thruster duct are the major difference in the trim problem. Similarly the
generic compound rotorcraft configuration adds the forces and moments from the wings and the
propeller to the trim problem. GENHEL-PSU includes the added forces to the six equations of
motion and seeks the zero acceleration solution to find combination of fuselage attitude and pilot
controls for each different redundant compound controls setting. For the compound rotorcraft
configurations the trim problem does not yield a unique solution; hence a trimmed flight
condition can be achieved by different combinations of fuselage attitude, pilot controls and

compound controls.

2.3.1 Force and Moment Equilibrium

The forces and moments of the generic compound rotorcraft configuration are portrayed

in Figures 2-10, 2-11 and 2-12, and referred to a system of body-fixed axes centered at center of
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gravity of the rotorcraft. The equations of motion for fuselage degrees of freedom are derived
from applying Newton’s laws of motion by of motion derived for the six degrees of freedom are
shown in equations 2.1 to 2.6 relating the applied forces and moments to the resulting

translational and angular accelerations [3].

u=—(wq —vr)+i—gsin9 (2.1)
MA

. Y :

vV =—(ur —wp) + — — g cosdsin g (2.2)
Ile

A Z

W = —(vp—uqg) + — — g coS & cos ¢ (2.3)
MA

Ixxp:(lyy_lzz)qr+|xz(r+pq)+R (24)

lyd = =L )rp+1,(r* = p*)+ M (2.5)

I.r =0 —1y)pa+1,(p—ar)+N (2.6)

Equations 2.1, 2.2 and 2.3 are the force equations and equations 2.4, 2.5 and 2.6 are the
moment equations, where u, v, and w are the body translational velocities, p, g and r are the body
angular rates, and 0 and ¢ are the Euler angles defining the orientation of the fuselage. I lyy, I,
are the fuselage moments of inertia, I, is the product of inertia, M, is the mass of the aircraft and
g is the gravitational constant. The external forces and moments are defined as X, Y, Z, R, M and
N by the summation of contributions from different aircraft components. In order to avoid any
confusion between roll moment and lift force, roll moment is called R and lift is called L. For
example, the pitching moment, M, can be defined as shown in equation 2.7, where the subscripts
stand for: main rotor, MR; tail rotor, TR; fuselage, F; horizontal tail, HT; vertical tail, VT; wings,

W; and propeller P.

M=Mz+Mir+M +M; +M,; +M, +M, (2.7
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In a trimmed flight, total forces and moments on the aircraft are equal to zero. The six

equations of equilibrium are defined in equations 2.8 to 2.13

Xur ¥ Xp + X + Xy + X ip + X7 —Wsin(@) =0 (2.8)
Yyr +Yrr +Ye +Y,; +Wcos(8)sin(¢) =0 (2.9)
Zyg +2Zr +Z¢ +2Z,, +W cos(8)cos(¢) =0 (2.10)
RMR + RF + RP +ZMRyoff +YMRhMR +YFhF +ZF Yot +YVThVT +YTRhTR (2.11)

+ ZstYst - ZWpopro + ZHst Yrsn — ZHTpoyHTpo =0 .

MMR + MF + MTR + Mw +ZMRIMR - XMRhMR +ZFIF - XFhF
(2.12)
_XPhP +ZWIW _thw +ZHTIHT _XHThHT _XVThVT =0

NMR + NF - XMRyoff _YMRIMR - XFyoff _YFIF - XPyP _YTRITR - XstYst (2 13)

+ XWpopro - XHst yHst + X HTpoyHTpo - XVT yoff _YVT ITR =0

Reference
Heading

Figure 2-10: Free Body Diagram of The Generic Compound Rotorcraft Configuration-Top View
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Figure 2-12: Free Body Diagram of The Generic Compound Rotorcraft Configuration-Rear View

The forces experienced by the wings and the horizontal tail are defined by the location of
the force. The wing and the horizontal tail on the right hand side are called “Starboard” and the
subscript “sb” is used, and the ones on the left hand side are called “Port” and the subscript “po”
is used. However, for the ease of deriving the force and moment balance equations, the total
forces by the wings and the horizontal tail are used as the summation of forces from starboard and
port side wings. The forces and moments from each component are investigated in the following

sections in detail.
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2.3.1.1 Main Rotor

The main rotor as the source of forces and moments on the helicopter is shown in Figure
2-13 and is described by the equations 2.14 to 2.19, where Ty is the main rotor thrust, B, B are

the lateral and longitudinal flapping angles, g is the sideslip angle, Hyr is the rotor H-force, Qur

(dRMRJ [dRMRj
is the rotor torque, and dpis and dp. are the hub rolling and pitching moment stiffness

values.

Figure 2.13: The Main Rotor Forces and Moments

X MR — -H MR Cos(ﬁlc ) _TMR Sin(ﬂlc) (2.14)

YMR :TMR Sin(ﬂls ) -H MR Sin(ﬂ) (2.15)
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ZMR = _TMR Cos(ﬂlc) (2.16)
R —[dRMR J,B +Qyr Sin(A,.) (2.17)
MR dﬂls 1s MR 1c .
dMm .
M v :[ dﬂl'\:R jﬁlc _QMR Sm(ﬂls) (2.18)
N MR — QMR Cos(ﬁlc)Sin(ﬁls) (2.19)

2.3.1.2 Tail Rotor

The tail rotor is assumed to be generating only a normal force to the rotor and a torque
due to the rotation of the tail rotor. The force and moment generated by the tail rotor are shown in

equations 2-20 and 2-21, where T+ is the tail rotor thrust and Qqr is the tail rotor torque.
Yir =Ty (2.20)

Ms = Qpr (2.21)

2.3.1.3 Fuselage

The forces and moments that fuselage experiences are shown in Figure 2-14 and are
described in equations 2.22 to 2.25, where Lr and D are the lift and drag forces, SF is the side
force produced by the fuselage, Crs, Cys and Cysare the roll, pitch and yaw moment coefficients, y
is the angle of climb, a is the angle of attack that fuselage observes during forward flight, 0 is the
body pitch attitude (a= 6- y), q is the dynamic pressure, and V., is the freestream velocity. The

fuselage will produce side forces, rolling and yawing moments as a function of sideslip angle.

Xe =-D¢ cos(a) + L sin(a) (2.22)
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Ye =SF: cos(f5)— D¢ sin(p) (2.23)
Z. =-L. cos(ar)— D sin(e) (2.24)
Re =Cx 0, Me =Cy 0, Ne =Cyq (2.25)

Figure 2.14: The Fuselage Forces and Moments

2.3.1.4 Propeller

The propeller is assumed to be the source of only thrust force and a torque due to the
rotation of the propeller. The other forces and moments are assumed to be negligible when
compared with the thrust and torque of the rotor. Equations 2-26 and 2-27 show the force and
moment generated by the propeller, where Tris the propeller thrust and Qg is the propeller torque.

X, =T, (2.26)

Re =Q (2.27)
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Although in this basic trim theory study the UH-60L/VTDP compound rotorcraft model

has not been used, it is worthwhile to discuss how VTDP is generating forces and moments. The
VTDP compound rotorcraft has different flight modes for low and high-speed forward flight. The
VTDP configuration allows aircraft to generate a side force to overcome the torque developed by
the main rotor. At low speeds, the extendable duct allows air flow to deflect at right angle and
therefore change the direction of the thrust vector from the propeller. At high speeds, a simple

rudder deflection generates enough force to overcome the torque by the main rotor.

2.3.1.5 Wings

The forces and moments that wings experience are described in equations 2.28 to 2.30,
where Ly, and Dy are the lift and drag forces produced by the wings and are functions of angle of
attack and wing incidence angle. Changing the wing incidence during flight or using flaperons
control the lift force produced by the wings. Differential use of flaperons between starboard and

port sides produces a rolling and a yawing moment on the aircraft.

Xy =L sin(ae—86,,)—D,, cos(a—-6,,) (2.28)
zZ, =-L, cos(e—0,)—-D, sin(e—-6,) (2.29)
My =Cu.d (2.30)

2.3.1.6 Horizontal/Vertical Tail

The lift and drag forces of the horizontal and vertical tails are important components of

trim calculations. Equations 2.31 to 2.34 show the forces generated by the horizontal and vertical
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tails, where Ly, Dur, Lyr and Dyy are the lift and drag forces produced by the horizontal and
vertical tails and are functions of angle of attack and sideslip angle respectively, o is the angle of
attack that fuselage observes during forward flight, Oyrin iS the horizontal tail incidence angle that
is controllable by the flight control system and g is the sideslip angle that fuselage observes

during forward flight.

X =Ly sin(e —6,7;,) — Dyyr COS(x — B,1111y) (2.31)
Zyy =—Lyr c0S(@ = Oyyyip) — Dyr siN( = Oy, (2.32)
Xt =-Dy; cos(f) —L,; sin(p) (2.33)
Y,; =L, cos(B) — Dy, sin(p) (2.34)

2.3.2 Change in Trim with Redundant Controls

Baseline helicopter configuration has four standard control variables: main rotor
collective blade pitch, 6y, main rotor longitudinal cyclic blade pitch, 65, main rotor lateral cyclic
blade pitch, 04, and tail rotor collective blade pitch, 6tr. These four control variables can only
have one unigue combination in trimmed flight. However, a compound rotorcraft has nine control
variables: main rotor blade pitch angles, 8o, 01, 015, tail rotor collective blade pitch 6+g, thrust of
the propeller controlled by the propeller blade pitch, B,, symmetric and differential flaperon
deflection angles, 6ro, Ora, horizontal stabilator deflection angle, &, and rotor speed for variable
rotor speed configuration, 2. Compound rotorcraft has four additional control variables when
compared to baseline configuration, as well as the variable rotor speed which creates an
additional redundancy in controls. The redundancy allows the compound helicopter to achieve

trim at a flight condition with various control combinations.
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Pitch attitude and airspeed are coupled for the baseline helicopter configuration. To
increase the airspeed, the propulsive component of main rotor thrust must be increased by tilting
the thrust force and tip path plane forward while keeping the lift component constant, which
requires increasing the magnitude of the main rotor thrust. Pitch attitude can also vary with the
tilting of tip path plane depending on the configuration of the helicopter. A configuration with a
single main rotor and a single tail rotor has the pitch attitude tightly coupled with airspeed. For a
configuration with horizontal stabilizers the pitch attitude of the aircraft can be reduced at trim
with changing airspeed. The control of horizontal stabilizers also allows using a combination of
pitch attitude and tip path plane tilt. Figure 2-15 illustrates how an increase in airspeed changes
the trim state of the aircraft pitch attitude for a single main rotor and a single tail rotor
configuration. In order to accelerate, the main rotor thrust is tilted forward by tilting the tip path
plane forward, which induces a forward pitch attitude.

For a compound rotorcraft a trim condition for forward flight can be achieved by various
combinations of thrust from main rotor, auxiliary propulsive force from propeller, lift from the
wings and pitch attitude. By looking at the equations 2.8, 2.10 and 2.12 for forward and vertical
force, and pitching moment balance and substituting the forces and moments of each component,
the relationship between aircraft attitude and lift/thrust distribution can be identified. Equations
2.35 to 2.37 shows the force and moment balance defined by equations 2.8, 2.10 and 2.12 in

detail with force and moment terms of each component during forward flight.

—H g c0s(B.) —Tyr SIN(B,. ) + T, — D cos(a) + L. sin(«)
+ L, sin(e —6,)-D,, cos(a—0.,)+ L, sin(ex — O7;,) (2.35)
— D,y cos(a —6,7;,) — Dy cos(f) — L, sin(f) —Wsin(6) =0

—Tyr C0S(B,.) — Lg cos(e) — D sin(e) — L, cos(a —6,,)
- D, sin(e — 6,,) — L;; cos(a — O,r,) (2.36)
—D,; sin(e — 0,5;,) +W cos(®) cos(¢) =0
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dmMm .
(—MRJﬂlc - QMR Sm(ﬁls) + CMf q+ QTR + Cqu _TMR Cos(ﬂlc)IMR

(H wr COS(BL) + Ty Sin(ﬁlc))hMR - (LF cos(a) + D¢ Sin(a))IF

(D¢ cos(a) - L, sin(a) he —Toh, — (L, cos(a - 8,,) + D,, sin(a - 6,) ), (2.37)
- (Lw sin(ar - 6,,) — Dy, cos(a - ein))hw - (LHT COS(ex = Oyyyiy ) + Dyyy sin(a — HHTin))IHT

(LHT sin(a = Oyyriy) — Dyyy cOS(ax — eHTin))hHT —(Dyr c0s(B) — Ly sin(B))h; =0

Figure 2-15: Acceleration in a Baseline Helicopter Configuration

In order to study equations 2.35, 2.36 and 2.37 to understand the effects of auxiliary
components on rotorcraft trim, the following assumptions were made and equations 2.38 to 2.40
were obtained:

e Small angles are used for rotor flapping, aircraft pitch and roll attitude,

e Wings, fuselage and horizontal and vertical tail lift and drag forces are
proportional to the angle of attack of the aircraft,

e Main rotor H force is assumed to be too small compared to rotor thrust

o For vertical force balance the drag force compared to lift force from wings and

the fuselage are assumed to be too small,
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e Component of main rotor torque on pitching moment is assumed to be too small
compared to the main rotor hub moment due to main rotor stiffness.
These assumptions are only made to study the auxiliary component effects. The simulation model

uses the non-linear equations of motions and do not include any of the assumptions made above.
—Twbe +To +Ly(-6,)-D -D, —D,;; —D,; —~WO=0 (2.38)

~Tur =Ly —Le =L, +W =0 (2.39)

[d('j\;;zR ]ﬂlo +Cp 0+ Qg +Cpd = Turlvr + TurBichr
_LFIF +DFhF _TPhP_LWIW _(va(a_ein)_DW)hW (2.40)
o LHTIHT o (LHT (a o eHTin) - DHT )hHT - DVT hVT =0
The fuselage, wing and tail lift and drag forces are proportional to the angle of attack and
the sideslip angle of the aircraft. The wing and stabilator forces are also functions of symmetric
and differential flaperons and stabilator deflection angles that are commanded by the flight
control system. Auxiliary propulsive force is controlled by the flight control system as well as the
main rotor thrust. In order to further simplify the forward force balance equation, drag forces of
fuselage, wing, horizontal tail and vertical tail are grouped and called total body drag force, Dyoqy-
For the pitching moment balance equation, moments due to fuselage, wings, tail rotor, vertical tail
and moment of horizontal tail due to forward directional force are grouped and called total body
pitch moment, Myqqy. Thus, the forward and vertical force balance can be represented as shown in

equations 2.41 and 2.42, and pitching moment balance in equation 2.43.
To = TyrBi + Ly (@—6,) - DBody =Wo (2.41)

Twr T Ly + Ly + L =W (2.42)

dM
( dﬂMR ]ﬁlc _TMRIMR +TMRIBIChMR _TPhP - LHTIHT -M Body — 0 (2.43)
1c
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Equation 2.42 states the relationship between the main rotor thrust force and the wing lift
force, while assuming the fuselage and horizontal tail lift forces are negligible when compared to
the main rotor thrust and the wing lift. The total lift force required to hold the aircraft in trim is
shared between main rotor and wing. Equations 2.41 and 2.43 show the relationship between the
auxiliary thrust force, the main rotor flapping angle and aircraft pitch attitude. Increasing
auxiliary thrust will induce a pitching moment and to reach trim either rotor flapping can be
increased or main rotor thrust can be decreased, which leads to an increase on the lift by the
wings due to the vertical force balance. Following to the pitching moment equilibrium, in order to
reach equilibrium in forward force balance, aircraft attitude has to change as well. Figure 2-16
illustrates how an increase in the auxiliary thrust changes the trim state of the compound

rotorcraft.

Figure 2-16: Acceleration in a Compound Helicopter Configuration

High advance ratios can lead to reduction in the collective effectiveness of the main rotor,
due to the growing reverse flow region on the retreating side blades [70]. The total negative lift

from the reverse flow region matches the total lift of the main rotor at high advance ratios and at
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even higher advance ratios the total lift of the overall main rotor becomes negative. As these high
advance ratios, the collective control authority diminishes rapidly to the point of reversal and
beyond. Figure 2-17 shows the rotor lift derivative of collective pitch response to the advance
ratio for various rotors [70]. In addition to experimental data, predictions from a simple blade
element theory with uniform inflow and CAMRAD Il analysis with non-uniform inflow are
presented. The collective control authority reduction occurs and collective response reversal
occurs at around a critical advance ratio of 0.95.

The similar trend in the collective response observed for the generic compound rotorcraft
model. GENHEL-PSU uses the blade element theory for rotor force and moment calculations.
Lift and drag characteristics are provided for the range of 360 degrees by applying simple sweep
theory and making corrections at high Mach numbers to avoid discontinuities in blade lift and
drag data [61]. Fully coverage of angle of attack allows definition of aerodynamic characteristics
on the retreating side of the rotor where reverse flow occurs. Figure 2-18 presents the collective
effectiveness for increasing airspeed and the lift response derivative for collective pitch is shown
to be decreasing with increasing airspeed. Therefore, for high-speed flight (i.e. airspeeds above

the maximum speed capabilities of the baseline helicopter), the trim algorithm is altered.
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Figure 2-17: Rotor Lift Response Derivative for Collective Pitch [70]

For the sake of a point of reference, high-speed flight will be characterized as level flight
trim above 180 knots. In the standard helicopter trim algorithm, collective is adjusted to trim
vertical acceleration and thus maintain level flight, the pitch attitude is adjusted to trim
longitudinal acceleration, and the propeller pitch is held at some user-prescribed value. At speeds
approaching and exceeding 200 knots, the collective becomes a much less effective control
effector for trimming the aircraft. Vertical force is less sensitive to the collective, causing it to
become saturated in an attempt to trim vertical acceleration. At the same time small changes in
collective can cause large variations in power required (and probably vibrations as well). The
GENHEL-PSU trim algorithm was modified for high-speed trim. The propeller longitudinal force

capabilities are used to trim longitudinal acceleration, while pitch attitude trims vertical



51

acceleration by effectively changing aircraft angle of attack. The collective is then used as a

redundant control effector. This control strategy is also used in the high-speed control law.
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Figure 2-18: Rotor Lift Response Derivative for Collective Pitch of the Generic Compound
Rotorcraft Model

2.3.3 Trim Analysis with the Nonlinear Simulation

A trim analysis study was conducted for a level flight condition at 160 knots airspeed and
1000 ft altitude for the generic compound rotorcraft model of GENHEL-PSU. In this analysis,
trim procedure is performed for different propeller pitch angle values. Figure 2-19 shows the
change in the auxiliary thrust and the main rotor propulsive force with propeller pitch angle at
75% of the propeller radius. Higher propeller thrust reduces the propulsive force component of
the main rotor thrust by tilting the tip path plane aft as shown in Figure 2-20. Therefore, the
rotorcraft experiences a nose up pitching moment and that corresponds to higher lift force from

the wings. Figure 2-21 shows the variation of main rotor thrust lift component and the wing lift
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force. Figure 2-22 shows the trim collective control stick position for different propeller blade
pitch angles and it is observed that collective is reduced for increasing propeller thrust.

The wing and the main rotor shares the most of the load required to balance the weight of
the generic compound rotorcraft. The trim analysis of the nonlinear simulation supports the trim
theory for compound rotorcraft shown in the previous section. The auxiliary lift and thrust
components reduce the load on the main rotor and this can be used to solve the limitations due to

the loading on main rotor at high forward speed flight conditions.
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Figure 2-19: Propulsive Forces at Different Propeller Pitch Angles at 160 kts Level Flight



— Pitch
— Tip Path Plane

Attitude [deq]

4 / ]

%1 22 23 24 25 26 27 28
Propeller Pitch Angle (0.75R) [deg]

Figure 2-20: Pitch Attitude and TPP Deflection at Different Propeller Pitch Angles

16X 10 1 T T T T T
—Wing
— Main Rotor
1.4+ .
1.2+ 8

Lift Force [Ib]
©
= =

T

0.6

0.4&1 22 23 24 25 26 27 28
Propeller Pitch Angle (0.75R) [deg]

Figure 2-21: Lift Forces at Different Propeller Pitch Angles at 160 kts Level Flight

53



54

M
%]

Collective Pitch Angle [deg]
— — —a — — — (%] %]
EEN (8] (=] =] (=] is] (=] —y
| | | 1 1 1 | |

=
(%)
T
1

| 1 1
22 23 24 25 26 27 28
Propeller Pitch Angle (0.75R)[deg]

Sx

Figure 2-22: Collective Pitch at Blade Root with Different Propeller Pitch Angles at 160 kts
Level Flight



55

Chapter 3

Integrated Flight Control System Design

This chapter presents the development of an integrated flight control system design for a
generic compound rotorcraft with variable rotor speed that can also perform an in-flight
performance optimization. The flight dynamics model and control system design are based on the
modified GENHEL-PSU as described in Chapter 2. The control system architecture should
perform flight control, rotor speed control and govern the redundant controls of generic
compound rotorcraft to improve performance characteristics. In a steady level flight, the
integrated flight control system will optimize rotorcraft performance and hold the trimmed flight
condition. Once the optimization process is initiated, the control system will adjust the rotorcraft
controls to hold the aircraft in steady state, which is essential for performance measurements.

The flight control system architecture consists of an inner loop, a dynamic inversion
control of roll, pitch, yaw, heave and rotor RPM axes, and an outer loop, which can have different
modes depending on flight condition. At low airspeeds, which are from hover to 60 knots, a
translational rate command (TRC) controller was designed. Forward and sideward translational
rate commands are tracked by controlling the pitch and roll attitude commands, which are sent to
the inner loop to track corresponding pitch and roll attitudes. For velocities up to 180 knots, the
outer loop regulates the forward velocity using pitch attitude commands sent to the inner loop.
This is called Cruise Speed Flight (CSF) mode. In this mode, vertical speed is regulated with
collective pitch in the inner loop control law, and the propeller pitch is a redundant control
effector that can be optimized. The outer loop acts as an airspeed hold type of controller and the
lateral input is directly sent to the inner loop as the roll attitude command. For velocities higher

than 180 knots, the main rotor collective pitch is no longer an effective control for forward
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propulsive force and lift, as discussed with regard to the trim algorithms. Auxiliary thrust, via
propeller blade pitch, is used to regulate airspeed and pitch attitude of the rotorcraft is used to
control vertical velocity. This is called the High-Speed Flight (HSF) mode. In this mode the
collective pitch is a redundant control effector which can be optimized. All of the outer loop
controllers use a dynamic inversion type of control scheme based on linearized models of the
rotorcraft scheduled with airspeed. For TRC and CSF mode controllers, vertical velocity is
controlled by collective pitch in the inner loop and for HSF mode the collective pitch is used as a
redundant control effector. Figures 3-1 to 3-3 show the general layout of the integrated flight
control system architecture for different flight speed modes.

The following sections discuss the details about the control system design, where the
control law development and analysis are shown in detail. Rotor State Feedback (RSF) module of
the controller was developed [46] to mitigate rotor instability and high vibratory loads occurring
at reduced rotor speeds. The RSF controller was developed for baseline helicopter configuration

and is applicable to the compound configurations.

3.1 Control System Design

The control law design uses 28" order linearized models extracted from the GENHEL-
PSU simulation model using a perturbation method. The state vector includes 8 rigid body
fuselage states (3 velocities, 3 angular rates, pitch and roll Euler angles), 12 rotor states (flapping
and lagging dynamics in multi-blade coordinates), 3 inflow states (Pitt-Peters model), and 5
engine states (rotor speed and turbine engine states). The input vector consists of the lateral,
longitudinal, collective, and yaw inputs to the UH-60A control mixer, and the RPM governor

input.
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Figure 3-3: General Layout of the Integrated Flight Control System for High Speed Flight

The RPM governor input replaces the Engine Electrical Control Unit (ECU) contribution
to the throttle input normally used in the GENHEL T-700 engine model. Thus, the ECU RPM
governing is replaced by the control system design. For the compound configuration, input vector
has 4 additional control inputs. The generic compound configuration has auxiliary thrust control
(through variable propeller pitch) and stabilator. In addition, the generic compound rotorcraft has
a lifting wing with flaperons. Symmetric and differential flaperon deflections are available
redundant control effectors.

The flight control system architecture is a model following control scheme with dynamic
inversion. There are four main components; the inner loop dynamic inversion control of the
control of roll, pitch, yaw, heave and rotor RPM axes; the rotor state feedback (RSF) control law
providing an additive input to the lateral and longitudinal cyclic controls; the outer loop with

high-speed autopilot regulating forward speed and altitude at HSF mode; and the turn
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coordination component of the controller to generate yaw rate commands to regulate lateral
acceleration; and the “Fly to Optimal” (FTO) tool designed to command rotor speed, rotorcraft
controls and compound controls and drive them to an optimal by using optimization methods. As
stated in the previous section, the control system has three different designs for low, cruise and
high-speed forward flight. The differences in the outer loop for the control of airspeed drives
required modifications in the inner loop as well. Especially for HSF controller, the vertical
velocity is regulated by pitch attitude commands sent from the outer loop. Therefore, the inner
loop governs only four states; pitch attitude, roll attitude, yaw rate and rotor speed and excluding
heave axis, which makes the collective pitch a redundant control effector. The next section will
discuss the control system design for TRC and CSF controllers with inner loop controlling pitch
attitude, roll attitude, yaw rate, rotor speed and vertical velocity. Also HSF controller with inner
loop regulating roll, pitch, yaw and rotor speed axes. In-flight optimization methods and FTO tool
will be discussed in Chapter 4. The following subsections will introduce dynamic inversion
controller and outer loop controller modes. The control laws also include a Rotor State Feedback
(RSF) controller, which provides an additive signal to the cyclic inputs to mitigate rotor
instability that can occur at reduced rotor speeds. Discussion about the RSF control law can be

found in the study by Guo [63].

3.1.1 Inner Loop Control Law

The inner loop control law design is based on the model following and dynamic inversion
control design. The dynamic inversion controller does not require gain scheduling since it takes
the nonlinearities of the aircraft into account. Therefore, the controller is suitable for a wide range
of flight conditions [3]. Although dynamic inversion is a powerful tool for nonlinear systems, in

this study the dynamic inversion controller is designed using linearized models of the nonlinear
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rotorcraft model. However, since the model is linearized at different airspeeds and linear models
are scheduled with airspeed, this induces the nonlinearity in the control system design.

The aim of this control law is to let aircraft respond to the pilot command as a first or
second order linear system. The inner loop controller is designed to achieve Attitude Command
Attitude Hold (ACAH) response in the roll and pitch axes, rotor speed command rotor speed hold
in the rotor RPM axis, Rate Command Attitude Hold (RCAH) response in the yaw axis, and
vertical speed command in the heave axis. The ACAH response type controller and rotor speed
command type controller is illustrated in Figure 3-4 and the RCAH response type controller and
vertical speed command type controller is illustrated in Figure 3-5. The commanded states are
shown in Equation 3.1. Commanded states are passed through a command filter that represents
the ideal dynamic response characteristics, to yield the desired states, and first and second time

derivatives of the states, as shown in equation 3.2.
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Figure 3-5: Model Following and Dynamic Inversion Control for RCAH
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¢cmd
gcmd
ycmd = Q cmd (31)
r-cmd
_VZ cmd _|
¢° ¢c ¢c
0, 0, G,
yc = QC yc = Qc yc = Qc (32)
.[ Fe re Ie
_IVZC_ _VZc_ _ch_

The yaw axis transitions to a turn coordination mode between 40 and 60 knots. Turn
coordination uses a computed yaw rate approach, where the pilot inceptor (pedals) is proportional
to commanded lateral acceleration, and the yaw rate command is then calculated as:

gla, , +singcoso)

r =
’ \ (3.3)

cm

Second-order command filter is used for the roll and pitch attitude control, and rotor

speed control. A first-order command filter is used for the yaw and heave axes.

b +28,0,0, + @," (¢, — Py )= 0 (34)

0. +2&,w,0, + @," (0, —6,,,)=0 (3.5)
O, +2£,0,Q; + 0, (Q, = Qg )=0 (3.6)
ok, +(r,—r,,)=0 (3.7)

7, Vg + (Vo =Vygg )=0 (3.8)

The parameters of the command filter are selected to meet desired handling qualities
specifications. In this study, the parameters were selected to meet Level 1 specifications as

designated by ADS-33E for small-amplitude response (bandwidth) in roll, pitch and yaw. The



62

natural frequency, damping ratios, and time constants for command filters are given in Table 3-1.
The filtered states and state derivatives are compared to measured outputs of plant described in
equation 3.9, where state and input vectors are defined in equation 3.10, and tracking error for

each axis is defined as shown in equation 3.11.

Table 3-1: Parameters of Command Filter

Command Filter | Natural Frequency (»,) | Damping Ratio (§) | Time Constant (1)
(rad/sec) (sec)
Roll Attitude 2.5 0.8 -
Pitch Attitude 2.5 0.8 -
Rotor Speed 5.0 0.8 -
Yaw Rate - - 0.4
Vertical Velocity - - 2.0

A dynamic inversion model is implemented in the controller, where the inversion model
is based on a 12"™-order linear model; 8 rigid body fuselage states and 4 engine states. This is
reduced from the full 28" order linear model extracted from GENHEL. The linear model includes
five inputs; four pilot inputs of lateral cyclic, longitudinal cyclic, pedal and collective input; and
an engine throttle input. There are four additional inputs for the compound configuration that is
set by the FTO tool and assumed to be known for the dynamic inversion calculations. The state
space model is shown in equation 3.9. The A matrix is 12 by 12, the B; matrix is 12 by 5, the B,
matrix is 12 by 4, and the C matrix is 5 by 12. The output, y, has the same dimension with input
vector, which makes this a square system. For a square system, desired response can be achieved
by tracking a reference command.

In dynamic inversion, the input-output feedback linearization technique is used by
differentiating the output, y, until the controls appear in the expression for the derivative [3]. By
taking the first derivative of the output, y, equation 3.12 is obtained. The output, u, appears in
equation 3.12 if the matrix CB; is not equal to zero. If CB; is equal to zero or singular, then the

differentiation has to be performed again. Equation 3.13 is the second derivative of the output and
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CAB; is the term that appears with the input. If CAB; is singular too, differentiation should
continue until the coefficient of input, uy, is not zero.

X = Ax+B,u, +B,u,

J—On (3.9)

x:[u VWPpgreéeQx ox, xeg]T
U = [5Iat Oion Ot O pea 5co||]T (3.10)
u, =g, 5. o o
e=y, -y, €=y, (3.11)
y =Cx=CAx +CB,u, +CB,u, (3.12)
y =Cx=CAx+CB,u, +CB,u,
=CAx = CA*x+CABU, + CAB, U, (313

For the control system design in this study, single differentiation of the output does not
guarantee the input to appear in the first derivative of the output. The matrix CB; is singular for
roll attitude; pitch attitude, and rotor speed; therefore, the output for those three has to be
differentiated twice and the equation 3.13 should be used for the control design. However, CB;
matrix is nonsingular for yaw rate and vertical speed. Thus, single differentiation of the output, as
shown in equation 3.12, for those two can be used for the control design.

It must be noted that the heave axis controller is designed to achieve vertical speed
command altitude hold type response. Unlike the other control axes, the output variable
controlled is not identical to a state. The vertical body velocity w was converted to the inertial
vertical velocity V2. The conversion is shown in equation 3.14, where V is the trim airspeed.

According to this conversion, C matrix is set as shown in equation 3.15.

w=-V, +Vo

(3.14)
V, =-w+Vo
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00 0 0001000 0 O]
000000010000
C={00 0000001000 (3.15)
000001000000
00 -10000V 00 0 O]

The difference in the number of differentiations of the output for each axis complicates
the way how the controller is designed. The output vector and matrix can then be partitioned to
separate variables that require two or one differentiations of the output equation. In addition the
control vector can be partitioned, such that the control axes match the differentiation scheme for
their corresponding output variables. There will be two components of the output vector: y; and
Y», as shown in equation 3.16. Also the partitioned output matrix components are shown in

equations 3.17 and 3.18.

¢cmd ] r §Iat S (316)
cm coll
yl = ecmd ’y2 = ’ ’ull = 5Ion ’ulz
VZcmd é‘pdl
Qcmd a 5tht
000 0O0OO0OO0O1O0O0OO0ODO0
c,=0 0 0000O011CO0O0O0TO (3.17)
000 0O0OO0OO0OOOT11O0O00

(3.18)

C_000001oooooo
2100 -1 0000V 00O00O

Roll, pitch, and RPM reside in the first partition of the output vector, which indicates the
output variables that require two differentiations for input-output feedback linearization. Lateral
cyclic, longitudinal cyclic, and the throttle input reside in the first partition of the input. Vertical
speed, yaw rate, collective pitch, and pedal inputs reside in the second partitions, which indicate

that the output variables vertical speed and yaw rate require one differentiation for input-output
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feedback linearization. As the input-output feedback linearization is performed, the output

equation in equation 3.9 can be expressed as follows:

y C,A? C,AB, |u C,AB
P/l}: 1 x+{ ! l} b +{ ' Z}UZ (3.19)
Y, C,A C,B, | u, C,B,
An auxiliary input is defined as shown in equation 3.20, so the input can be defined as in

C,AB,

equation 3.21, where { }is an invertible matrix. Substituting the expression of input, uy,

2-1

into the equation 3.19 yields to the pseudo command as defined in equation 3.22.
2 C,AB, |u C,AB y
{pl}: CiA x+{ ' 1} . +{ ' 2}u2—{¥lc} (3.20)
ol C,A C,B, | Uy, C,B, Yac
uy _|:C1A81}_1 {Y1c:|_ C1A2 X—|:C1ABZ}U +|:,01_
ulz C2 Bl yZC CZA CZBZ ? p2_
. -1 . T
>./1 C,A’ r C,AB, 0, + C,AB, | | C,AB, ch B C,A’ . C,AB, 0, + o)
Y, C,A C,B, C,B, C,B, Yoe C,A | C,B, P2
2 C AB, y 2 C,AB
B, Yae C,A C,B, P2
ylc pl Vi
Vz

(3.21)

N—

(3.22)

The pseudo commands, v, represent the desired accelerations (angular, RPM, and vertical

speed) of the vehicle and passed through an inverse model of aircraft dynamics to get the control
inputs. The selection of p defines the error dynamics of the control design. The pseudo command
is defined as shown in equation 3.23. K;, K, and Kp are diagonal gain matrices, as shown in

equation 3.24, representing proportional, integral and derivative (PID & PI) compensation on the
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tracking error signals shown in equation 3.25. The PID compensator is used to minimize the
tracking error for the roll and pitch attitudes to achieve ACAH type of response, and to minimize
rotor speed to achieve rotor speed command rotor speed hold type of response. The PI
compensator is used to minimize the tracking error for the yaw rate to achieve RCAH type of

response and to minimize vertical speed to achieve vertical speed command type of response.

e

{Vl}{y“}[& Ko K] e (3.23)

V2 Vac J. edt

K, O 0 0 0
0 K, 0O 0 0O
K.=| 0 0 Ky O O
0 0 0 K, O
0 0 0 0 K
(Kg, O 0 0 0]
0 K, O 00
Kp=| 0 0 Ky O O
0O 0 0 00
0 0 0 0 0]
K, 0 0 0 0]
0 K, 0 0 0
K= 0 0 Kg 0 0
o 0 0 K, O
0 0 0 0 K, (3.24)

L
e2 ch y2

Assuming a perfect representation of the flight dynamics, the tracking error dynamics for
output variables would be governed by the differential equation shown in equation 3.26, where

the gains Kp, Kp, and K, can be selected to make sure that tracking error dynamics are stable and
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well damped. A typical choice for the compensator gains is that the error dynamics match the
ideal response model. In practice we use a very simplified linear model of the aircraft flight
dynamics. However, judicious choice of the gains ensures the closed loop system is stabled, and

tracking errors due to disturbances or modeling error are well regulated.

Fl}+K{él}+K{el}+K, Ieldt :{0} (3.26)
e, 0 e, [e,dt| [0

The characteristic equation of the error dynamics can be described in equation 3.27 for
ACAH and rotor speed command rotor speed hold response type. The feedback gains of the PID
compensator are determined by assigning the controller parameters, natural frequency, damping
ratio and a real pole, for each axis. Compensator gains are defined in terms of controller
parameters as shown in equation 3.27. The characteristic equation of the error dynamics can be
described in equation 3.28 for RCAH and vertical speed command type. The feedback gains of
the Pl compensator are determined by assigning the controller parameters, natural frequency and
damping ratio, for each axis. Compensator gains are defined in terms of controller parameters as
shown in equation 3.28. The natural frequency, damping ratio and real pole for the PID
compensator gains of roll, pitch, and rotor speed axes and the natural frequency and damping
ratio for the Pl compensator gains of yaw and heave axes are given in Table 3-2. The overall
dynamic inversion control input is given by equation 3.29.

s +Kys*+Kos+K, =0

(32 +2§a)ns+a)n2Xs+ p)=0 (3.27)
KPZZé:a)np-’_a)r? KI :a)rfp KD :2§C()n+p

s’ +Kps+K, =0
s? +2éw,s+w? =0 (3.28)
Kp =2f0, K, =}
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e

u, 7 [C,AB Ty “ |, _|C.AB
L =|: ! 1:| |:¥10:|+[Kp KD K| e - ClA X_{ . 2:|u2 (3.29)
U, C,B, Yac C,A C.B,

Iedt

Table 3-2: Controller Parameters for Error Dynamics

Control Axis Natural Frequency (®,) | Damping Ratio (§) | Real Pole (p)
(rad/sec)
Roll Attitude 3.5 1.0 0.75
Pitch Attitude 3.5 1.0 0.75
Rotor Speed 5.0 1.0 0.75
Yaw Rate 2.5 1.0 -
Vertical Velocity 0.5 1.0 -

The control scheme given by this control law is shown in Figures 3.6 and 3.7. In Figure
3.6, v, is the pseudo command for the yaw and heave axes control law and in Figure 3.7, vy is the

pseudo command for the roll, pitch and rotor speed axes control law.

¥, Pseudo- GA [

command |

|
o
p———

» [C 4B, | —» Aircraft
Dynamics

J'17j'1

Figure 3.6: Dynamic Inversion Control Scheme for Roll, Pitch and Rotor Speed Axes
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Aircraft
Dynamics —

Figure 3.7: Dynamic Inversion Control Scheme for Yaw and Heave Axes

The control system has three different designs for low, cruise and high-speed forward
flight. The differences in the outer loop for the control of airspeed drives required modifications
in the inner loop as well. Especially for high-speed flight controller, the vertical speed is
controlled in the outer loop. Therefore, the inner loop governs only four states; pitch attitude, roll
attitude, yaw rate and rotor speed and excludes heave axis. The design of the control law is
similar to the one shown above; the heave axis is removed from the equations and collective
becomes a redundant control.

In order to let the control law provide desired response and disturbance rejection
properties for most flight conditions, linear models in the model inversion are scheduled with
flight condition. A simple scheduling approach was used to vary the inverse model with airspeed,

while the command filters and compensator gains remain constant.

3.1.2 Outer Loop Control Law

It is important to keep airspeed and altitude as close to the desired set point as possible
during an in-flight optimization process. Keeping trimmed flight with constant forward and

vertical speed is essential for getting an accurate measurement of power required. Therefore, an
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outer loop autopilot is designed to regulate trimmed forward, sideward and vertical speeds during
the optimization maneuvers. The controller has three modes scheduled to the airspeed and the

following sections discuss these modes.

3.1.2.1 Low Speed Mode — Translational Rate Command Control Law

For the low speed mode controller, where airspeed is below 60 knots, the controller
regulates lateral and longitudinal velocities by commanding roll and pitch attitudes sent to the
inner loop. Vertical speed is controlled by the inner loop by the dynamic inversion controller.

For the low speed mode of the controller, a model following and model inversion
schemed controller used for controlling translational rates as shown in Figure 3-8 with lateral
velocity axis. A first order command filter with a time constant of 2.0 sec yields desired state and
derivative of lateral velocity. A second-order linear model extracted from the higher-order linear
model of the helicopter, as shown in equation 3.30, where the attitude dynamics are assumed
faster than translational dynamics, thus roll and pitch attitudes are treated as inputs to the linear
model. A Pl compensator is added to minimize the tracking error, defined in equation 3.31. The
tracking error passes through the Pl compensator and added to the desired response of the state
derivative to obtain the pseudo command. The pseudo command is passed through the inverse
model of the aircraft dynamics to get the roll and pitch command inputs to the inner loop, as
shown in equation 3.32. If the inverse model is exact, the aircraft model and inverse model will
behave as a simple integrator. The pseudo command is defined in equation 3.33 and the error
dynamics are governed as shown in equation 3.34. The PI compensator gains are defined in terms
of controller parameters as shown in equation 3.35. The natural frequency and the damping ratio

of the error dynamics are set to be 1.0 rad/sec and 0.9. A similar scheduling used in inner loop is
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also used for linear models in TRC, to ensure desired response and disturbance rejection

properties provided.

I”cmd’ 1
— — V. Pseudo-

command

Inverse —» Vﬁ"‘f }
Model 8

cmd

Figure 3-8: Model Following and Model Inversion Control for Translational Rate Command
Controller — Low Speed Mode

VIat _ Yv Yu Vlat g 0 ¢Cmd _ Vlat ¢Cmd
|:vlon:| - {X\, X, }{VIOJ + {O B g}{ecmd :| = [Ach :1:V|on:| + [BTRC :{Hcmd :| (3.30)

e=V -V (3.31)

¢cmd _ -1 _ Vlat
{ecmd } = [BTRC ] (V [ATRC {an}j (3.32)
v=V, +Kpe+K, fedt (3.33)
¢+Kpe+K, [e=0 (3.34)
Ko =2&w, K, = (3.35)

3.1.2.2 Cruise Speed Mode Control Law

The cruise speed mode of the controller regulates airspeed by commanding pitch attitude
and holds roll attitude. Vertical speed is controlled by the inner loop with the dynamic inversion
controller similar to the low speed mode controller.

The cruise speed mode of the controller is schemed similar to the low speed mode for

longitudinal velocity control. Forward speed control achieved by a model following and model
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inversion control of longitudinal translational aircraft dynamics and outputs pitch attitude
command to the inner loop, as shown in equation 3.38. If the inverse model is exact, the aircraft
model and inverse model will behave as a simple integrator. The pseudo command is defined in
equation 3.39 and the error dynamics are governed as shown in equation 3.40. The PI
compensator gains are defined in terms of controller parameters as shown in equation 3.41. The

natural frequency and the damping ratio of the error dynamics are set to be 1.0 rad/sec and 0.9.

V,,, =XV, — 96,4 (3.36)
€=V, ~Vien (3.37)
O,y = %(— v+ X V) (3.38)
v =V, + Kpe+ K, [edt (3.39)
¢+Kpe+K, fe=0 (3.40)
K, =2&w, K, =&} (3.41)

The lateral axis command bypasses the TRC and feeds into the inner loop directly as the

roll attitude command.

3.1.2.3 High-Speed Mode Control Law

The high-speed controller regulates airspeed and altitude by commanding auxiliary
thruster and pitch attitude. Similar to cruise mode control law, the controller holds the roll
attitude. However, in this controller the auxiliary thruster command regulates airspeed and the
pitch attitude command regulates altitude. The collective pitch becomes a redundant control

effector which can be optimized.
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The high-speed mode of the outer loop controller, a model following and model inversion
schemed controller is used for controlling airspeed and altitude. A first order command filter with
a time constant of 2.0 sec is designed for airspeed model follower that yields desired state and
derivative of longitudinal velocity, as shown in Figure 3-9. For the altitude control a second
order command filter with 0.5 rad/sec natural frequency and damping ratio of 0.9 is designed to
yield desired altitude, vertical velocity and vertical acceleration, as shown in Figure 3-10. A
second-order linear model extracted from the higher-order linear model of the helicopter, as
shown in equation 3.42, where the pitch attitude and propeller pitch are the primary input
variables. Collective and stabilator deflections are treated as redundant control effectors and kept
in the linear model to account for their perturbation on the primary control axes. A PI
compensator is added to minimize the tracking error for airspeed control, defined in equation 3.43
and a PID compensator to minimize the tracking error for altitude control. The tracking error
passes through the compensators and added to the desired response of the state derivative to
obtain the pseudo command. The pseudo command is passed through the inverse model of the
aircraft dynamics to get the pitch attitude command input to the inner loop and propeller pitch
angle command input to the inner loop dynamic inversion controller, as shown in equation 3.44.
If the inverse model is exact, the aircraft model and inverse model will behave as a simple
integrator. The pseudo command is defined in equation 3.45 and the error dynamics are governed
as shown in equation 3.46. The Pl and PID compensator gains are defined in terms of controller
parameters as shown in equation 3.47 and 3.48 respectively. The natural frequency and the
damping ratio of the error dynamics are set to be 0.5 rad/sec and 0.9 for both axes. A real pole is

defined as 0.75 for the PID compensator of altitude hold controller.
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Figure 3-9: Model Following and Model Inversion Control for Airspeed Axis of High-Speed
Mode Outer Loop Controller
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Figure 3-10: Model Following and Model Inversion Control for Heave Axis of High Speed Mode
Outer Loop Controller

vlon _ Xu 0 VIon n Xﬂp -9 IBp n Xécm X§e §col
vz o Z,]V, _Zﬁ'p _(ZWV +ZB) O _st, _Zﬁe o,
von Von IB 500
|:\/'IZ :| = [AHSFC :1:\/'2 :| + [BlHSFC {ecr:d j| + [BZHSFC{ 5;}

e, =V, -V e,=h.—h (3.43)

-1 Vlon 5(:0
|:£r:d :| = [BlHSFC ] {V - [AHSFC {Vz } + [BZHSFC { 5e| }] (3.44)

vy =V, +Kee, +K|j-ev dt

(3.42)

. (3.45)
vy =V, +Kpe, +Koe, +K, [e, dt
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6 +Kpe, +K, [e, =0

(3.46)
g, + K&, +Kpe, +K, jeh =0
Kp =280, K, =&} (3.47)
Ko =28m,p+0? K, =a?p Ky=2&w,+p (3.48)

3.2 Control System Evaluation with Nonlinear Simulation

The integrated flight control system designed in the previous section is implemented in
the nonlinear model of the generic compound rotorcraft, GENHEL-PSU. The existing stability

and augmentation systems of UH-60A were turned off and the control system was simulated.

3.2.1 Longitudinal Axis Evaluation

All three modes of the outer loop controller are evaluated with different airspeeds and a
step input is introduced in longitudinal axis. Figures 3-11, 3-12 and 3-13 show the time history
results for simulation response of the generic compound rotorcraft at 20, 100 and 200 knots level
flight. For all three modes of the controller, the command is tracked successfully as the model
following dynamic inversion controller works well on the non-linear simulation model.

The low speed and the cruise speed flight control laws are designed to hold roll and pitch
attitudes and the responses in Figures 3-11 and 3-12 show that controllers are successfully
holding the attitude. A slight variation in the altitude is observed; however the controllers for
those modes are designed to hold vertical velocity instead of altitude. For the high-speed flight
control law simulation as shown in Figure 3-13, altitude is held within the range of 10 feet, which

is an acceptable variation from the trimmed state at high-speed forward flight. The high-speed
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mode of the controller is designed to hold altitude and the outer loop is designed to command the
pitch attitude for the control of vertical speed and altitude. The controller is designed to control

airspeed by commanding the propeller pitch.
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Figure 3-11: GENHEL-PSU Simulation at Nominal RPM, V=20 kts, Airspeed Command = 15
knots
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Figure 3-12: GENHEL-PSU Simulation at Nominal RPM, V=100 kts, Airspeed Command = 15
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Figure 3-13: GENHEL-PSU Simulation at 80% of Nominal RPM, V=200 kts, Airspeed
Command = 5 knots

3.2.2 Lateral Axis Evaluation

All three modes of the outer loop controller are evaluated with different airspeeds by
introducing a doublet command in lateral axis. Lateral axis command tracks the lateral velocity in
the low speed mode of the controller, whereas for the cruise and the high-speed mode of the
controller lateral axis command tracks the roll attitude. Figures 3-14 to 3-19 show the time history

results for simulation response of the generic compound rotorcraft at 20, 100 and 200 knots level
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flight. For all three modes of the controller, the command is tracked successfully as the model
following dynamic inversion controller works well on the non-linear simulation model without

significant off-axis response.
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Figure 3-14: GENHEL-PSU Simulation at Nominal RPM, V=20 kts, Lateral Velocity Doublet =
+9 knots



woa0 Response [
= = |  rTTpmseTTEE |- Command
8= 0
w3
i
-20 ! |
= 40 45 50
Pitch
§ 5[] T T T /) T T T T 50”
o aw
g 0 e O
=
= 50 1 1 1 1 1 1 1 1
< 0 10 15 20 25 30 35 40 45 50
E 1020 T T T T T T T T
°
E 1010 |- -
ﬁ 1000 T 1 1 1 1 1 1
10 15 20 25 30 35 40 45 50
. Lat. Cyclic Long. Cyclic Collective Pedal ‘
=2 100 T T T T T T T T
o
o = —'—‘—_'—)& W}_—_ =
£ | v = =%
8 o — ! 1 1 L R, ol 1 ! !
0 10 15 20 25 30 35 40 45 50
Time (s)

80
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Figure 3-16: GENHEL-PSU Simulation at Nominal RPM, V=100 kts, Roll Command= +18
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Figure 3-17: GENHEL-PSU Simulation at Nominal RPM, V=100 kts, Roll Command= +30
degrees
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Figure 3-18: GENHEL-PSU Simulation at Nominal RPM, V=200 kts, Roll Command= +18
degrees
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Figure 3-19: GENHEL-PSU Simulation at Nominal RPM, V=200 kts, Roll Command= 30
degrees

3.2.3 Heave Axis Evaluation

All three modes of the outer loop controller are evaluated with different airspeeds by
introducing a step command in heave axis. Low and cruise speed mode controllers track vertical
speed commands, while high-speed controller tracks the altitude by regulating the vertical speed
with pitch attitude command and holds airspeed by commanding the propeller pitch. Figures 3-20

to 3-22 show the time history results for simulation response of the generic compound rotorcraft
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at 20, 100 and 200 knots. For all three modes of the controller, the command is tracked
successfully as the model following dynamic inversion controller works well on the non-linear
simulation model without significant off-axis response.

The collective pitch is used for climbing for the low and cruise speed mode controller and
the maximum rate of climb is limited by the collective control limit. Figures 3-20 and 3-21 show
the change in collective control in order to gain vertical speed. The high-speed flight mode of the
controller has the pitch attitude to control altitude. Figure 3-22 shows that outer loop controller
successfully commands pitch attitude to control altitude and compared to low and cruise speed
flight modes of the controller, higher rates of climb can be achieved by this configuration.

However, this introduces a delay in the tracking of altitude command.

w30 T T T T T T T T T
r_g £ a0l [T Iiesesssas Response H
£9 10t ! k """ Command H
S8 e
UC-)L 1 1 1 1 1 1 1 1 I
0 5 10 15 20 25 30 35 40 45 50
. | Pitch Roll Yaw |
% 1[] T T T T T T T T T
o e
L
= A0 ] ] ] ] ] 1 ] ] ]
< 0 5 10 15 20 25 30 35 40 45 50
E 1500 T T T T T T T T T
@D
-S /
§ 1000 . . | 1 1 1 1 1 1
0 5 10 15 20 25 30 35 40 45 50
. | Lat. Cyclic Long. Cyclic Collective Pedal
== T T T T T T T T T
» 50F ]
o
= — —
8 0 I I I I ¥ I I I
0 5 10 15 20 25 30 35 40 45 50

Figure 3-20: GENHEL-PSU Simulation at Nominal RPM, V=20 kts, Vertical Speed Command=
21 ft/s
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Figure 3-21: GENHEL-PSU Simulation at Nominal RPM, V=100 kts, Vertical Speed Command=
21 ft/s
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Figure 3-22: GENHEL-PSU Simulation at Nominal RPM, V=200 kts, Vertical Speed Command=
40 ft/s
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Chapter 4

In-Flight Optimization Algorithm

This chapter presents the development and implementation of an advanced flight control
system that allows in-flight performance optimization. The concept is called “Fly to Optimal”
(FTO). While maintaining trim with a stabilizing controller, as demonstrated in Chapter 3,
perturbations are generated and performance is measured in flight. The measured response is used
to drive the redundant controls (those control effectors not used in the primary control) and the
trim state to some optimal. Several optimization methods were applied to make a comparison
between different methods. As shown in Figures 3-1, 3-2 and 3-3, Fly-to-Optimal system is
integrated with the integrated flight control laws and could be engaged or disengaged as needed
by the pilot. Fly-to-optimal can be applied for baseline helicopter, compound rotorcraft and
generic compound rotorcraft configurations. For the baseline helicopter, FTO performs a rotor
speed optimization, for the compound rotorcraft, FTO performs optimization for rotor speed and
compound controls together, and for the generic compound rotorcraft, FTO can perform either
power minimization or range maximization. Minimizing power for a given flight condition has
significant effect on performance parameters, such as endurance, rate of climb or ceiling. These
performance parameters define the operational capabilities of the rotorcraft. Better performance
can be achieved by reducing the power required. Therefore, optimizing power will

simultaneously optimize the operational capabilities [1].

4.1 Optimization Method Study

A comprehensive study of the stability and speed of various optimization methods was

conducted. The steepest descent, golden section, and the adaptive performance optimization
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(APO) methods were evaluated to identify which method resulted in the quickest and most

accurate optimization.

4.1.1 Steepest Descent Method

The Steepest descent method was implemented in the Fly to Optimal control law to
optimize rotor speed on baseline helicopter configuration. The nominal rotor speed (100%) is
selected as the starting point for the optimization and positive and negative perturbations on RPM
command are applied. The perturbations are chosen to be 1% of the nominal rotor speed. The
gradient on power required is calculated and the direction of the optimization is determined. The
new rotor speed is calculated by applying the selected step size in the optimization direction. This
method continued until the gradient of power required is below a limit value. However, the
method proved to be somewhat sensitive to the complex and non-linear variations in aircraft
performance with main rotor RPM. High frequency oscillations in the measured power required
were also problematic for this method. These issues would often result in large gradient
calculations that would drive the optimization solution to extreme values and miss the true

optimal solution.

4.1.2 Golden Section Method

The golden section method is an interval reduction strategy. In this approach, rotor speed
is allowed to vary between 120% and 80% of the nominal rotor speed, 27 rad/sec. Figure 4-1
illustrates a single iteration step in the golden section method. Initial boundaries of the interval
are shown as points 1 and 4 with the length of I,. A third point, 2, is selected inside the interval,

where I3/l, is equal to the golden ratio, ¢, as shown in equation 4.1. The function values at these
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points are assumed to be known. Since f, is smaller than f; and f,, it is clear that a minimum lies

inside the interval, assuming the function is unimodal.

J5-1
Q= — (4.1)
- L >
< I >
1 2 3 4
— L :i: L >|

Figure 4-1: Golden Section Method Iteration Step Diagram

The next step is to determine a new point, 3, inside the interval and evaluate its function
value. The golden section method requires that the length of intervals between 1 and 3, and 2 and
4 are equal. The function value f; has two possibilities: f; is larger than f, or f, is larger than fa. In
the first case, it is clear that a minimum lies between 1 and 3, and the new interval becomes 1 to
3. In the other case, a minimum lies between 2 and 4, and the new interval becomes 2 to 4. As a
result, for both cases, a new narrower interval is obtained with a minimum value inside the
interval.

The initial size of the rotor speed interval is 40% and the optimization method desires to
reduce this value to below 0.5%, which requires 11 interval reductions. Since this method
requires fixed number of iterations and rotor RPM command range reduces in each iteration step,
golden section method is superior to steepest descent method in terms of stability and speed. In
this study the Golden Section Method is applied only to the baseline helicopter configuration for

rotor speed optimization.
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4.1.3 Adaptive Performance Optimization

Adaptive Performance Optimization (APO) is a method of identifying unknown
performance characteristics from a forced response, using a low frequency, smooth maneuver
[56-59]. In the case of rotor speed optimization, the controller is set to apply a low frequency
sinusoidal command spanning the whole range of RPMs. Since the input is in low frequency, it is
assumed that the aircraft is approximately in steady state trim throughout the maneuver. Then,
rotor speed is set to the optimal performance as measured during the course of the maneuver. The
maneuver generally takes a shorter amount of time when compared to the iterative methods
described before. Therefore, APO appears to be superior to both steepest descent and golden
section methods in terms of stability and speed.

This optimization method will also be investigated for the optimization of compound
control effectors of the compound rotorcraft model, in which there are more than one parameter
to optimize. Initially, successive applications of the APO maneuver applied to each control
effector, where each application of APO is considered as a single parameter optimization. The
order of control effectors optimized is important. In this study the order is determined by the level
of impact of individual variable. The compound helicopter configuration includes four redundant
control effectors in addition to main rotor RPM. These include propeller pitch (which changes
auxiliary thrust and power), stabilator (which changes the pitch attitude trim), symmetric
flaperons (which change the wing lift), and differential flaperons (which change the roll moment
produced by the wing).

Theoretically, infinite number of variables can be simultaneously optimized by forcing to
an out-of-phase or different frequency sinusoidal responses. In this study, performance

optimization of the generic compound rotorcraft with two variables is performed and those
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control effectors are forced to an out-of-phase sine wave with the same frequency. Performance

measurements are made during the maneuver and the optimal state of the controls is determined.

4.2 Fly-to-Optimal Controller Design

The general layout of the integrated flight control system is shown Figures 3-1, 3-2 and
3-3. The Fly-to-Optimal (FTO) component is designed to generate commands to perform
optimization maneuver and inputs rotorcraft states and performance measurements to calculate
the optimal trim state. However, as the airspeed increases the range of controls resulting in
aircraft can trim gets smaller. So, sweeping controls for performance optimization outside of trim
forces the aircraft into a transient dynamic response. Therefore, a method is used to predict the
values of limited parameters as a function of controls and flight conditions to estimate the control
margins. Limited parameters in this study are chosen as the longitudinal control stick position and
power required. Collective stick position is used as a limited parameter for the cruise speed
controller.

The FTO controller applies low frequency inputs on the optimization variables, so it is
assumed that the aircraft is approximately in steady state trim throughout the maneuver. A similar
concept called dynamic trim estimation was applied to find envelope constraints on pilot controls
during quasi-steady maneuvers [71]. The current problem is similar in that the aircraft is in an
approximate trim condition throughout the FTO maneuver. Variations in a limited parameter can
be represented as shown in equation 4.2, where y, is the limited parameter and u is the 2-

component vector of optimization variables:
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where Ay, represents the difference between the current value of the limited parameter and the

(4.2)

limit boundary. The vector Au is the control margin, which is the difference between the current
control position and the control position that will allow the aircraft to reach the limit boundary.
The partial derivative terms are the sensitivities of the limited parameter to each control input.
The sensitivities are calculated during the optimization maneuver using simple finite difference
approximations as shown in equation 4.3 where the perturbations are applied to the optimization
variables and are measured at various points during the spiral search pattern used in FTO. The
control margin vector defines the shortest vector from the current control position to the limit
boundary and it is calculated as shown in equation 4.4 by taking the pseudo-inverse of the
sensitive row vector. For simplicity, in this study the control margins are calculated one control at
a time as shown equation 4.5. So 1-D limit estimation is performed instead of 2-D limit
estimation as shown in equation 4.4. The aircraft might have multiple limit boundaries, in that
case different sets of control margins are calculated and a control axis might end up having an
upper and a lower bound. Figure 4-2 shows the schematic of the control margin approach and
dashed lines are the upper and lower limits of the controls calculated by equations 4.2 and 4.5.
Since the actual system is non-linear, the calculated sensitivities are the linear approximation of
the actual system and they get close to the exact value as the limited boundary is approached. The
limit boundaries are updated periodically throughout the maneuver; therefore the range of the

optimization search for control positions change depending on the control limits.

ayp — ypl B ypu (43)
ou; U, —uy
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Figure 4-3 shows the layout of the FTO component of the controller: y, is the limited
parameter that defines the limits on the optimization controls. The optimization method chosen
generates the commands while considering the operational limits on the optimization parameters.
The control limits are calculated using the Control Limit Calculation by using the current state of
the controls and values of the limited parameter, y,, such as power required, torque or control
margins. Throughout the optimization maneuver, “optimal status check” searches for optimal
performance and control. Any of the optimization methods discussed in the previous section can
be implemented in the Optimization Method / Command Generator block. The Control Limit
Calculation tool is only used for multi variable optimization using adaptive performance

optimization method.
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4.3 Nonlinear Simulation Results

4.3.1 Single Parameter Optimization using Golden Section Method

The flight control architecture with golden section method optimization discussed in the
previous section was implemented in the nonlinear model of the baseline helicopter model, UH-
60A Black Hawk, using GENHEL-PSU. Figures 4-4 and 4-5 show rotor speed optimization
results at 40 knots level flight, Figures 4-6 and 4-7 show similar results at 80 knots, and Figures

4-8 and 4-9 show results at 120 knots.
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Figure 4-4: Rotor Speed Optimization at 40 knots using Golden Section Method
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Figure 4-5: Longitudinal Response at 40 knots during Golden Section Method
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Figure 4-6: Rotor Speed Optimization at 80 knots using Golden Section Method
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Figure 4-7: Longitudinal Response at 80 knots during Golden Section Method
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Figure 4-9: Longitudinal Response at 120 knots during Golden Section Method

In all three cases the optimal rotor speed is found to be around 85% of nominal rotor
speed. For all three optimization processes, there are spikes observed at the commanded rotor
speed. These spikes are generated between the two iterations of interval reduction. If the new
interval has a new upper boundary, the commanded rotor speed will be limited to the latest rotor
speed command. But the rotor speed command follows the former upper boundary before the new
boundary is determined. Therefore, the commanded rotor speed increases for an instant and
returns back to the new upper limit, which causes spikes in the rotor speed command. During the
optimization process, airspeed was successfully held within £1 knot range and altitude was held
+10 ft. Figure 4-10 shows the variation of power required during the optimization process for all
three cases compared to the power required with nominal RPM. Table 4-1 shows the comparison
of initial power required percentage value operating at nominal RPM to power required
percentage value operating at optimal RPM and the percentage reduction in power required for

each case. For the power required calculations 100% is accepted to be 3400 hp.
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In order to check the accuracy of the golden section method, series of trims at different
rotor speeds were calculated and compared to the optimized rotor speeds by FTO. For all three

cases minimum power required obtained from trim study stayed within £1% region.

Table 4-1: Comparison of Power Required Values Operating at Nominal and Optimal RPM

Power Power Percentage
Airspeed | Required at | Required at | Reduction in
(kts) Nominal Optimal Power Required
RPM (%) RPM (%) (%)
40 37.61 33.24 4.37
80 31.02 25.29 5.73
120 44.28 37.65 6.63
90 L T T T T
V=40kts
80 ——V=80kts I
V=120 kts
L N with Nominal RPM at V=40 kts
ok T with Nominal RPM at V=80 kts ||
| with Nominal RPM at V=120 kis

Power Required(%)

10

0 100 200 300 400 500 600 700
Time(sec)

Figure 4-10: Power Required for Different Airspeed using Golden Section Method for FTO

4.3.2 Single Parameter Optimization of Multiple Control Effectors using Adaptive
Performance Optimization Method

The flight control architecture with adaptive performance optimization method shown in

the Chapter 3 implemented in the nonlinear model of the compound rotorcraft. Figure 4-11 shows
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rotor speed and compound control effector maneuvers, and power required value during the
whole optimization process at 150 knots level flight. Figure 4-12 shows the response of the
rotorcraft throughout the optimization process at the same flight condition.

In the simulation, all five control effectors are forced to a low-frequency sinusoidal input
in sequence. After the sinusoidal input the control effectors set to the value where minimum
power required obtained before optimal search begins for the next control effector. Therefore,
five individual optimizations take place in order, by applying the resultant condition of the
previous one. The order of the optimization is important due to the change in trimmed controls
after the optimization of the control effector. A different order of optimization may lead to a
different set of controls by the end of optimization sequence, thus in this study the order of
optimization is determined by the level of impact of each control effector. The rotor speed is
chosen to be optimized first, because rotor speed is observed to affect rotorcraft performance
more than other compound controls. The rest of the sequence is determined by comparing the
effects of compound control effectors on rotorcraft performance. Therefore, rotor speed
optimization is followed by propeller pitch angle, elevator deflection, symmetric flaperon
deflection and differential flaperon deflection. The compound controls were initialized at some
arbitrary condition. Optimization results later compared with the values obtained from the
optimization study by Geiger [7].

The compound helicopter configuration includes four redundant control effectors in
addition to main rotor RPM. These include propeller pitch (which changes auxiliary thrust and
power), elevator (which changes the trimmed pitch attitude), symmetric flaperons (which change
the wing lift), and differential flaperons (which change the roll moment produced by the wing).
Table 4-2 shows the upper limits (UL) and lower limits (LL) for the compound control effectors

at different airspeeds determined in the study by Geiger [7].
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Table 4-2: Upper and Lower Limits of Compound Control Effectors for Different Airspeeds

. 0to 40 50to 70 | 80 to 200
Airspeed (KIS) =7 G UL | LL | UL
Prop. Pitch (deg) | 10 | 44 | 10 | 44 | 10 | 44
Elev. Trim (deg) | -10 | 10 | -10 | 10 | -10 | 10
Sym. Flap (deg) | 62 | 62 | -10 | 62 | -10 | 10
Diff. Flap (deg) 0 0| 5] 5] -5 5

Figure 4-13 shows the variation of rotor speed and power required during APO for rotor
speed only at 150 knots level flight. Rotor speed is set to the minimum obtained by APO right
after the optimization search is complete. Figure 4-14 shows power required with respect to rotor
speed for the same flight condition. Figures 4-15 and 4-16 show similar APO results for propeller
pitch with power required variation. Figures 4-17 and 4-18 show results for elevator, figures 4-19
and 4-20 show results for symmetric flap deflection, and figures 4-21 and 4-22 show results for
differential flap deflection. Figure 4-23 shows the control stick positions and engine throttle
position during the adaptive performance optimization routine at 150 knots.

From these results, optimal values of each control effectors can be determined and these
values are stored to set the aircraft fly at an optimal state, once the optimization routine
completed. If desired, the process could then be repeated starting at the new trim positions of the
redundant controls. Significant reductions in power required appear to be achievable through
adjustments in rotor speed, propeller pitch, elevator and differential flaps. Symmetric flap
deflection remained close to their optimal trim value (0 degrees) as obtained by Geiger [7]. Rotor
speed optimization results in more than 10% reduction in power required. Following that
propeller pitch, elevator and differential flap optimizations each result in almost 1% reduction in

power required.
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Figure 4-11: Adaptive Performance Optimization Results at 150 knots

As discussed earlier, it is desirable to apply slow varying changes to the optimization
variables so the aircraft is near trim throughout the maneuver. However, the aircraft cannot
maintain perfect trim during the optimization, and it is sought to perform the optimization
maneuver within a reasonable time span. Therefore, power required adjustments were used to
account for power used for a small amount of acceleration, climb/descent, and rotor speed
variations during the maneuver. These adjustments are shown in equations 4.6, 4.7, and 4.8. The

adjusted power required is shown in equation 4.9.
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AHP,_, =W (4.6)

550

mgh
AHP,  =—2_ 4.7
climb 550 ( )

1,Q0

AHP.,, = ;W (4.8)
HPadjusted = Hpmeasured - AHPaccel - AHpclimb - AHPRPM (4-9)

In the equations above, m is the rotorcraft mass, V is the equivalent airspeed, h is the
altitude, Iy is the main rotor moment of inertia and @ is the main rotor speed. The adjustments
help reduce the hysteresis effect observed in Figures 4-14, 4-16, 4-18, 4-20, and 4-22 although it
did not eliminate it completely. The hysteresis effect is the main factor determining the length of
the APO maneuver (shortening the APO maneuver results in larger hysteresis and makes
estimating optimal more difficult). However, the overall APO maneuver took almost the same
time as golden section method optimization. Considering the five different redundant controls
that are optimized during this maneuver, it is clear that APO is superior to golden section method
in terms of speed. Optimization results were compared with the optimization study performed by

Geiger [7]. All four compound controls stayed in the margin of £2 degrees.
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Figure 4-12: Aircraft Response during APO at 150 knots
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Figure 4-13: Adaptive Performance Optimization Results for Rotor Speed at 150 knots
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Figure 4-15: Adaptive Performance Optimization Results for Propeller Pitch at 150 knots

75 T T T T T T L

70~ u

65~ u

60 - u

Power Required(%)

55~ 4

50 r r r r r r r r
20 21 22 23 24 25 26 27 28 29

B,(deg)

Figure 4-16: Power Required vs. Propeller Pitch at 150 knots during APO
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Figure 4-17: Adaptive Performance Optimization Results for Elevator Deflection at 150 knots
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Figure 4-19: Adaptive Performance Optimization Results for Symmetric Flaperon at 150 knots
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Figure 4-21: Adaptive Performance Optimization Results for Differential Flaperon at 150 knots

55

545~ i

ol
5
1
1

a1
w
o
T
—

52.5~

Power Required(%)
[¢)]
w
—
—
1

515~

X}

I
q‘——g-—

==

51

505 r r r r r r r r r

Figure 4-22: Power Required vs. Differential Flaperon at 150 knots during APO



111

10¢

8 W :
— ‘ I i I
S LW WMM%WWWWMMWW 1 ;
S 6 W
= I*W”W

il ‘

D? oy h WW WW m"m‘n
% 4 It l’
.(*/:') AT
[
s 2
@]
@)

0

8tht
ot L L : L L ; .
0 100 200 300 400 500 600 700 800

Time(sec)

Figure 4-23: Control Stick Positions and Engine Throttle Position during APO at 150 knots

4.3.3 Multiple Parameter Optimization of Multiple Control Effectors Using Adaptive
Performance Optimization Method

In this section two performance characteristics are optimized separately, range and
power. In order to maximize the range of the aircraft, airspeed and stabilator are used as
optimization variables to maximize the equivalent L/D of the aircraft. To minimize power at high
speeds, collective and stabilator deflection are optimized. The focus is on optimization of two
control variables to investigate a new multi-variable approach to adaptive performance
optimization. However, for the high-speed mode of the controller, the trim variables change and
the optimization variables change as well. Also, in the study for multiple parameter optimization

of multiple control effectors the RPM control axis was disabled, as the results were generated
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using a fixed rotor RPM in the simulation model. This study focuses on the simultaneous
optimization of two control variables to investigate a new multi-variable approach to performance
optimization.

Typically, the airspeed at which the range is maximized can be obtained from the power
required curve of a rotorcraft where the ratio of power over velocity is minimized. This is
equivalent maximizing the effective lift-to-drag ratio. Equation 4.10 shows how the equivalent
lift-to-drag ratio is calculated. Thus, maximum range is a function of the airspeed operating point

as well as the aircraft configuration.

(L) _ W, (4.10)
D), HP

In range optimization study, the airspeed set point and stabilator deflection were chosen
as the optimization variables. The two variables are perturbed simultaneously using out of phase
sinusoidal commands with varying amplitude. This is done in a way that spans a wide range of
possible trims. The airspeed sweep is performed between 80 knots and 150 knots and the
stabilator sweep is varied between -15 degrees to 5. The CSF control law with FTO tool is used
for this optimization maneuver.

The minimum power optimization for the generic compound helicopter at constant
airspeed is performed by the excitation of collective and stabilator deflection using a
simultaneous perturbation. Real time measurement of power required of the helicopter is used as
the performance characteristic to be optimized. Similar to range maximization, collective and
stabilator deflection aim to span the whole range of possible trims and search for minimum
power. Due to the high airspeed, the range of controls that the aircraft can trim is reduced
compared to lower or cruise speed flights. Therefore, the range of the sweeps for controls is
limited using the Control Limit Calculation tool of the FTO component of the controller, as

described in section 4.2.
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4.3.3.1 Maximum Range Optimization

Figure 4-24 shows the trim analysis for the maximum range optimization. Symmetric
stabilator deflection and airspeed sweeps are used in this analysis. The trim values are used to
check the results of the FTO maneuver. For this configuration it was found that best L/D is
achieved using only lift compounding, where the propeller is put in a low power state and the
main rotor is used for forward propulsion. However, the wing offloads some of the rotor lift
requirements. The stabilator sweep effectively optimizes the trim angle of attack to achieve the
best wing / rotor lift distribution for maximum range while the speed set point sweep
simultaneously finds the best airspeed. Figures 4-25 and 4-26 show commanded values of the
optimization variables during the range optimization and the equivalent lift-to-drag ratio variation
with optimization controls. The airspeed and symmetric stabilator deflection are forced to out-of-
phase low-frequency sinusoidal inputs; therefore, the full range of controls can be searched for
the optimal trim through a spiraling pattern. In figure 4-25, the maneuver starts with level flight at
120 knots and with 0 degree symmetric stabilator deflection and lasts for 25 minutes. Figure 4-27
shows the response of the aircraft during the maneuver. Figures 4-26 and 4-28 show the range
optimization maneuver that starts from 100 knots and 0 degree symmetric stabilator deflection.

From these results, optimal values for each control effector can be determined and these
values are stored to set the aircraft to fly at an optimal state once the optimization routine has
completed. The range of the compound helicopter can be maximized by defining the new trim
state at the high values of equivalent lift-to-drag ratio. For the first maneuver, at the initial trim
state, the equivalent lift-to-drag ratio is 4.99, and throughout the optimization search equivalent
lift-to-drag ratio increases up to 5.18. The optimization drives the controls to the optimal state,
which is level flight at 107.5 knots and a stabilator deflection of -6.13 degrees. For the second

maneuver, at the initial trim state, the equivalent lift-to-drag ratio is 4.89, and throughout the
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optimization search equivalent lift-to-drag ratio increases up to 5.17. The optimization drives the
controls to the optimal state, which is level flight at 108.1 knots and a stabilator deflection of -
5.33 degrees. The trim results show that maximum range occurs at 111.4 knots when stabilator
deflection is -6.4 degrees and the equivalent lift-to-drag ratio is 5.28. According to these results,
the FTO reached within 1.89% of the optimal lift-to-drag ratio for the first maneuver and 2.08%
of the optimal lift-to-drag ratio for the second maneuver as found through an extensive search of
trim solutions. The controls that reach the optimal lift-to-drag ratio lies within a flat surface in the
control space as shown in figure 4-24. The FTO maneuvers end up at slightly different control
positions, but the lift-to-drag ratio is close to the optimal value. However, aircraft response
indicates during the optimization maneuver, the altitude shows variation from the trim altitude.
The controller has trouble holding the altitude with the variation of stabilator and airspeed. This
drives the aircraft into a transient state. Although corrections for transient effects included in the
optimization calculations, the transient in the lift-to-drag ratio can be observed in figures 4-25 and

4-26. This effect is visibly observed at high stabilator deflection values.
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4.3.3.2 Minimum Power Optimization

A power optimization maneuver is performed for two different flight conditions: 180
knots and 200 knots. The main rotor and propeller rotation speeds are reduced to 90% of the
nominal RPM in order to avoid compressibility effects due to the high main rotor tip speed for the
180 knots case and to 85% of the nominal RPM for the 200 knots case. Figures 4-29 and 4-37
show the trim analysis for the minimum power optimization for 180 and 200 knots cases,
respectively. Figures 4-30 and 4-38 show higher resolution trim analysis for the minimum power
required with collective pitch and stabilator deflection for a focused region of controls. Figures 4-
31 and 4-39 show the power required variation with collective pitch and stabilator deflection.
Collective pitch and stabilator deflection angles are forced to out-of-phase low-frequency
sinusoidal inputs. Figures 4-32 and 4-40 show the responses of the aircraft during the
optimization maneuvers. Figures 4-33 and 4-41 show the lift and thrust sharing between main
rotor and auxiliary components, wing and propeller during the optimization maneuvers. For both
maneuvers, at optimal wing is the main source of the lift, off-loading main rotor. Figures 4-34
and 4-42 show the main rotor flapping angles and main rotor controls during the optimization
maneuvers. Main rotor controls stayed within the control limits, as given in Table 2-3, during the
optimization maneuvers. Main rotor flapping angles are stayed within £5 degrees during 180
knots optimization and +£7 degrees during 200 knots optimization. Figures 4-35 and 4-43 show
the lift distribution over the rotor disk before and after the optimization maneuvers and for both
maneuvers reductions in lift can be observed due to the off-loading of the rotor disk. Similarly,
figures 4-36 and 4-44 show the inflow distribution over the rotor disk before and after the
optimization maneuver. Reduction in the inflow is observed for both optimization maneuvers.

The boundaries of the trim regions shown in figures 4-29 and 4-37, in general, are

constrained by propeller stall, longitudinal cyclic saturation, and collective travel limits. At high
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negative stabilator deflections and low collective, main rotor lift drops below zero and drives up
wing lift. As main rotor lift becomes more negative and wing lift increases, wing induced drag
begins to rise rapidly. Eventually, the demand from the propeller to trim forward acceleration
causes the maximum allowable propeller pitch to be approached and the propeller stalls. At high
positive stabilator deflection, beyond the maximum power limit, the main rotor drag rises rapidly
partly due to a consistent large nose down pitch attitude and continues to increase with increased
collective pitch. A high enough positive stabilator deflection at high collective tends to push the
trim region into an increasing propeller pitch and increasing collective pitch direction. The in-
plane main rotor drag force (H-force) then rises at a much faster rate than the rotor thrust increase
from increasing collective, and this causes the propeller thrust to increase to compensate for
overall increased rotor drag. The in-plane rotor drag force is highly sensitive to the main rotor
thrust coefficient at high speeds. Once again, the demand from the propeller to trim forward
acceleration causes propeller stall to eventually occur; but this is well beyond the maximum
power limit. Beyond the propeller stall limit for increasing positive stabilator deflection and
increasing collective pitch would be the stabilator and negative angle of attack wing stall limits.
High stabilator download combined with longitudinal cyclic saturation at high negative stabilator
deflections and low collective further constrains the trim region as both the pitching moment and
vertical force equilibrium equations are unable to be satisfied. The range of feasible trim
conditions gets smaller at high airspeeds, and the optimization maneuver starts to operate very
close to control margins. In-flight optimization maneuver searches a wide range of collective
pitch and stabilizer positions, but some of the points in this range are not feasible trim conditions.
In order to avoid the optimization to search those points dynamic trim concept is used. Dynamic
trim method predicts the limits on the controls and the FTO maneuver is modified accordingly;
this is the reason for the distorted shape of the search area. The upper and lower limits on the

controls are updated periodically during the maneuver.
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The 180 knots optimization of the rotorcraft is trimmed at power required value of 2948
hp and throughout the optimization search the power required drops to 2691 hp, 8.7% reduction
in power required, where the collective pitch is 17.76 degrees and stabilator deflection is -3.85
degrees. The trim analysis shows that for 180 knots level flight, minimum power is 2662 hp and
the collective pitch is 15.38 degrees and stabilator is O degrees.

The 200 knots optimization is trimmed at power required value of 3605 hp, and after the
optimization search, the power required drops to 3455 hp, 4.1% reduction in power required,
where the collective pitch is 17.81 degrees and the stabilator deflection is -0.59 degrees. The trim
analysis shows that for 200 knots level flight, minimum power is 3410 hp with the collective
pitch is 14.30 degrees and the stabilator is 2.1 degrees.

The FTO reached within 1.09% of the optimal power value for the optimization at 180
knots and 1.32% of the optimal power for the 200 knots optimization as found through an
extensive search of trim solutions. Similar to the maximum range optimization trim analysis, the
controls that reach the optimal power lies within a flat surface in the control space as shown in
figures 4-30 and 4-38. The FTO maneuvers end up at slightly different control positions, but the
power values are close to the optimal.

Although a significant reduction in power required is obtained by FTO maneuvers for
both 180 and 200 knots, figures 4-31 and 4-39 show drastic increases in power during the FTO
maneuver, especially for the region with high collective pitch and high symmetric stabilator
deflection. Searching for the optimal at the controls that has higher power required values than
the trim power is obviously a waste of time and fuel. Therefore, the power can be limited to a
lower value than the available power during the FTO maneuver. With the lower power limit, the
time it takes to complete the optimization maneuver can be lowered 21 minutes, instead of 25
minutes. Figures 4-45 and 4-51 show the FTO maneuver for minimum power search at 180 knots

and 200 knots with maximum power limited to 5% higher of the initial trimmed power value. The
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search method is avoiding the search of region with high power values, so in addition to
shortening the search time, the waste of fuel in searching regions with very high power is
avoided. Figures 4-46 and 4-52 show the responses of the aircraft during the optimization
maneuvers. Figures 4-47 and 4-53 show the lift and thrust sharing between main rotor and
auxiliary components; wing and propeller, during the optimization maneuvers. Figures 4-48 and
4-54 show the main rotor flapping angles and main rotor controls during the optimization
maneuvers. Main rotor controls stayed within the control limits, as given in Table 2-3. Main rotor
flapping angles are stayed within £6 degrees during both 180 knots and 200 knots optimizations.
Figures 4-49 and 4-55 show the lift distribution over the rotor disk before and after the
optimization maneuvers. A reduction in lift is observed due to the off-loading of the rotor disk.
Similarly, figures 4-50 and 4-56 show the inflow distribution over the rotor disk before and after
the optimization maneuver. Reduction in the inflow is also observed for both optimization
maneuvers.

With the low power limit, the 180 knots optimization of the rotorcraft is trimmed at
power required value of 2948 hp and throughout the optimization search the power required drops
to 2698 hp, 8.4% reduction in power required, where the collective pitch is 17.98 degrees and
stabilator deflection is -4.17 degrees. The trim analysis shows that for 180 knots level flight,
minimum power is 2662 hp, where the collective pitch is 15.38 degrees and stabilator is O
degrees. The FTO with low power limit reached within 1.35% of the optimal power value for the
optimization at 180 knots as found through an extensive search of trim solutions. A good
indicator of the effect of FTO is to compare the fuel consumption between a flight scenario with
and without FTO maneuver over a given time. The fuel consumption, W;, over a given time, t, can
be calculated using equation 4.11, where SFC is the specific fuel consumption and HP is the
power required. The specific fuel consumption at 180 knots is 0.2228 Ib/hp/hr. Without the FTO

maneuver, for 2 hours of flight the rotorcraft consumes 1313.63 Ib of fuel at 2948 hp trimmed



122

power and 229.88 Ib of fuel is consumed for the first 21 minutes. With the FTO maneuver, first
21 minutes of the flight time is used for the optimization maneuver and 222.51 Ib of fuel
consumed, which is 7.37 Ib less than the nominal flight condition. The remaining flight time (1
hour and 40 minutes) is performed at the optimal flight condition determined by the optimization
maneuver, which has the power required value of 2698 hp, and 991.84 Ib of fuel is consumed
during this portion of the flight. So the total fuel consumption of 2 hours flight at 180 knots with
FTO maneuver is 1238.17 Ib, which is 99.28 Ib less than the nominal flight condition. Table 4-3

tabulates the fuel consumptions for flights with and without FTO at 180 knots.

W, =SFC x HP xt (4.11)

Similarly, with the low power limit, the 200 knots optimization is trimmed at power
required value of 3605 hp, and after the optimization search, the power required drops to 3460 hp,
4.0% reduction in power required, where the collective pitch is 17.88 degrees and the stabilator
deflection is -0.76 degrees. The trim analysis shows that for 200 knots level flight, minimum
power is 3410 hp, where the collective pitch is 14.30 degrees and the stabilator is 2.1 degrees.
The FTO with low power limit reached within 1.47% of the optimal power for the 200 knots
optimization as found through an extensive search of trim solutions. The specific fuel
consumption at 200 knots is 0.2150 Ib/hp/hr. Without performing the FTO maneuver, for 2 hours
of flight the rotorcraft consumes 1550.15 Ib of fuel at 3605 hp trimmed power and 271.28 Ib of
fuel is consumed for the first 21 minutes. With the FTO maneuver, first 21 minutes of the flight
time is used for the optimization maneuver and 268.63 Ib of fuel consumed, which is 2.65 Ib less
than the nominal flight condition. The remaining flight time (1 hour and 40 minutes) is performed
at optimal flight condition determined by the optimization maneuver, which has a power required
value of 3460 hp, and 1227.43 Ib of fuel is consumed during this portion of the flight. So the total

fuel consumption of 2 hours flight at 200 knots with FTO maneuver is 1496.06 Ib, which is 54.09
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Ib less than the nominal flight condition. Table 4-3 tabulates the fuel consumptions for flights

with and without FTO at 200 knots.

Table 4-3: Fuel Consumption with and without FTO at 180 knots and 200 knots

Flight Fuel Consumption | Fuel Consumption Total Fuel
0-21 minutes (Ib) | 21-120 minutes (Ib) | Consumption (Ib)
180 kts without FTO 229.88 1083.75 1313.63
180 kts with FTO 222.51 991.84 1214.35
200 kts without FTO 271.28 1278.87 1550.15
200 kts with FTO 268.63 1227.43 1496.06
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Figure 4-50: Inflow Distribution over the Main Rotor Disk before and after the Power
Optimization Maneuver at 180 knots with Low Power Limit
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Chapter 5

Conclusion and Future Work

5.1 Conclusion

The objective of this study is to design a flight control system that optimizes redundant
control effectors for conventional and compound helicopter during flight. The control system
builds off of the golden section method and adaptive performance optimization methods and
extends it to a multi-variable optimization approach. To achieve this, a model following and
dynamic inversion controller is expanded to include the heave and rotor RPM axes to closely
regulate the trimmed flight condition throughout the optimization maneuver. The design methods
are implemented and tested using the GENHEL model of the UH-60A and a compound version
of the UH-60A with lifting wing and propeller, and evaluated using the GENHEL-PSU software.
The following conclusions can be drawn from the results of this simulation study:

1) It is critical to have an accurate and well-designed flight control law to maintain
trimmed flight conditions during the in-flight optimization process. The controller designed to act
as an autopilot, so pilot can fly the helicopter hands-off throughout the optimization maneuver.

2) Rotor speed optimization studies showed that golden section method optimization can
be performed during flight with very small disturbances in flight condition.

3) Initial results show that the FTO optimization method is effective and reliable in
reaching a power required optimum, but with the current iteration steps the optimization with
golden section method takes almost 10 minutes of simulated flight to be completed. This does not

result in long computation times since the simulation model runs faster than real time. However;
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use of adaptive performance optimization requires almost similar time to complete optimization
of five different redundant controllers.

4) Adaptive Performance Optimization method is used to optimize performance using
multiple redundant control effectors both using a single variable and multi variable optimization.
Although sequential optimization of controls results in significant performance enhancement, the
resultant state might not be the optimal condition.

5) Comparisons of simulation results using the FTO optimization and comprehensive
sweeps of trim solutions in the simulation model show that the FTO optimization is effective and
reliable in reaching a power required and range close to optimal (when optimizing up to two
redundant controls). The current method performs a two-variable optimization using low
frequency out-of-phase sinusoidal commands to the two optimization variables. The method
should be extended to search a control space of three or more dimensions. However, still
performing a multi-dimensional optimization over such a complex dynamic system and
estimating the optimal very close to the actual optimal trim state is a satisfying result of this
research.

6) Control margins in high-speed flight can become critical when performing in-flight
optimization. Control Limit calculation is crucial to avoid aircraft controls to saturate by driving
an optimization variable to an extreme. Although it is assumed that the aircraft stays in steady-
state trim during the optimization maneuver, the control law is not perfect and this results in
transient effects. This can be reduced through basic power adjustments for acceleration, climb,
and rotor speed, but not eliminated. This is the main challenge of the APO method.

7) The optimization takes almost 25 minutes of simulated flight to be completed and 21
minutes for maneuvers with low power limit. This does not result in long computation times since
the simulation model runs faster than real time. However, even 21 minutes of flight for

optimization can be significant, depending on the flight mission. For long distance cruise
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missions, this optimization maneuver can be performed at the very beginning of the flight. But for
rather shorter distance missions, performing this maneuver for about 21 minutes might not be
desirable. The issue with time required to complete the optimization maneuver is the least
satisfying result of this research.

8) The optimization can be performed by only a single helicopter in the fleet for once and
the optimization results can be transferred to the rest of the fleet. Another application of this
method can be a flight test program, where optimal trim states for various flight conditions can be
determined and recorded during flight tests for performance evaluation. Considering the total
flight test hours for only performance and handling qualities testing of Lockheed AH-56
Cheyenne, which has a similar configuration to the generic compound rotorcraft model of this
study, is 42 hours, performing 21 minutes of optimization maneuvers can be performed for
various performance evaluations of rotorcraft with redundant controls at different flight

conditions. [72, 73].

5.2 Future Work

The previous section summarized the study on a flight control law for a compound
rotorcraft with in-flight performance optimization. The experiences and lessons learned from this
study will give directions for future studies.

In compound rotorcraft study, the following topic could be studied:

e Optimization routine is specified for the compound configuration given in this
study and making changes in the aircraft model requires effort.
e The propeller model should be refined and validated for low speed flight where

the propeller might operate at very low to negative thrust regions.
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The wing model currently uses lookup tables for lift, drag and moment
coefficients, a wing and a flap model should be developed and validated to be
included in the compound rotorcraft model, therefore, various wing models can
be used without the need to modify lookup tables.

The APO search method should be improved to search for three or more control
effectors simultaneously. Also alternative optimization methods can be
investigated to improve the performance of the optimization by reducing the time
needed to complete optimization. Peak-Seeking Control and Extremum-Seeking
Control are examples of alternative optimization methods that can be studied.
Piloted simulations should be performed to observe pilot reactions and comfort

during the optimization maneuvers.



Appendix A

Figures for Lift, Drag and Moment Coefficients of the Fuselage
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Figure A-12: Fuselage Pitching Moment Coefficient Due to Angle of Attack [61]
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Appendix B

Figures for Lift and Drag Coefficients of the Horizontal and Vertical Tails
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Appendix C

Lift, Drag and Pitching Moment Coefficients of the Wing
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The 2D wing tables are developed by using XFOIL. The increments in lift, drag and

pitching moment with flaps come from the NACA report of wind tunnel tests for the flaps [74].

Table C-1: Lift, Drag and Pitching Moment Coefficient of the Wing with -60° Flap Deflection

o cl Cd Cm o cl Ccd Cm
-180 -1.124 0.201 0.262 2 -0.539 0.119 0.173
-170 -0.577 0.427 0.314 4 -0.306 0.12 0.176
-160 -0.096 0.772 0.383 6 -0.086 0.122 0.178
-150 0.261 1.197 0.465 8 0.138 0.123 0.189
-140 0.451 1.648 0.55 10 0.321 0.125 0.219
-130 0.451 2.072 0.626 12 0.385 0.128 0.242
-120 0.261 2.418 0.684 14 0.426 0.132 0.251
-110 -0.096 2.644 0.713 16 0.411 0.146 0.25
-100 -0.577 2.722 0.71 18 0.321 0.178 0.216

-90 -1.124 2.644 0.675 20 0.177 0.241 0.203
-80 -1.672 2.418 0.614 25 0.101 0.343 0.194
-70 -2.153 2.072 0.535 30 0.261 0.48 0.176
-60 -2.51 1.648 0.45 35 0.379 0.646 0.159
-50 -2.7 1.197 0.37 40 0.451 0.836 0.128
-40 -2.7 0.772 0.303 50 0.451 1.265 0.061
-35 -2.628 0.587 0.272 60 0.261 1.716 -0.019
-30 -2.51 0.427 0.255 70 -0.096 2.135 -0.104
-25 -2.35 0.297 0.237 80 -0.577 2.47 -0.183
-20 -2.153 0.201 0.228 90 -1.124 2.682 -0.244
-18 -2.065 0.173 0.225 100 -1.672 2.745 -0.279
-16 -1.972 0.151 0.222 110 -2.153 2.651 -0.282
-14 -1.875 0.135 0.22 120 -2.51 2.412 -0.252
-12 -1.775 0.126 0.218 130 2.7 2.056 -0.195
-10 -1.672 0.122 0.182 140 -2.7 1.627 -0.119
-8 -1.739 0.12 0.181 150 -2.51 1.176 -0.034
-6 -1.494 0.119 0.179 160 -2.153 0.757 0.048
-4 -1.248 0.118 0.176 170 -1.672 0.421 0.118
-2 -1.004 0.117 0.174 180 -1.124 0.21 0.169
0 -0.77 0.118 0.173




Table C-2: Lift, Drag and Pitching Moment Coefficient of the Wing with -45° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.974 0.156 0.253 2 -0.388 0.074 0.163
-170 -0.426 0.382 0.304 4 -0.155 0.075 0.166
-160 0.055 0.728 0.374 6 0.065 0.077 0.168
-150 0.412 1.152 0.456 8 0.289 0.078 0.179
-140 0.602 1.604 0.541 10 0.471 0.08 0.21
-130 0.602 2.028 0.617 12 0.535 0.081 0.233
-120 0.412 2.374 0.674 14 0.577 0.087 0.241
-110 0.055 2.599 0.703 16 0.561 0.103 0.24
-100 -0.426 2.678 0.7 18 0.471 0.137 0.206

-90 -0.974 2.599 0.666 20 0.328 0.197 0.194
-80 -1.521 2.374 0.605 25 0.252 0.271 0.185
-70 -2.002 2.028 0.526 30 0.412 0.407 0.166
-60 -2.359 1.604 0.441 35 0.53 0.573 0.15
-50 -2.549 1.152 0.36 40 0.602 0.763 0.119
-40 -2.549 0.728 0.293 50 0.602 1.193 0.052
-35 -2.477 0.542 0.262 60 0.412 1.644 -0.029
-30 -2.359 0.382 0.246 70 0.055 2.062 -0.114
-25 -2.199 0.252 0.227 80 -0.426 2.398 -0.193
-20 -2.002 0.156 0.218 90 -0.974 2.61 -0.254
-18 -1.914 0.128 0.215 100 -1.521 2.673 -0.288
-16 -1.821 0.106 0.213 110 -2.002 2.579 -0.291
-14 -1.725 0.091 0.21 120 -2.359 2.34 -0.262
-12 -1.624 0.081 0.209 130 -2.549 1.984 -0.205
-10 -1.521 0.078 0.172 140 -2.549 1.554 -0.129
-8 -1.588 0.076 0.172 150 -2.359 1.103 -0.044
-6 -1.343 0.074 0.169 160 -2.002 0.685 0.038
-4 -1.098 0.073 0.167 170 -1.521 0.349 0.108
-2 -0.853 0.073 0.165 180 -0.974 0.137 0.159
0 -0.619 0.073 0.164
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Table C-3: Lift, Drag and Pitching Moment Coefficient of the Wing with -30° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.76 0.116 0.219 2 -0.175 0.034 0.13
-170 -0.213 0.342 0.27 4 0.059 0.035 0.133
-160 0.268 0.688 0.34 6 0.279 0.037 0.135
-150 0.626 1.112 0.422 8 0.502 0.038 0.146
-140 0.816 1.564 0.507 10 0.685 0.038 0.176
-130 0.816 1.988 0.583 12 0.749 0.041 0.199
-120 0.626 2.334 0.64 14 0.791 0.048 0.208
-110 0.268 2.559 0.67 16 0.775 0.066 0.207
-100 -0.213 2.638 0.667 18 0.685 0.1 0.173

-90 -0.76 2.559 0.632 20 0.541 0.158 0.16
-80 -1.307 2.334 0.571 25 0.466 0.232 0.151
-70 -1.788 1.988 0.492 30 0.626 0.369 0.133
-60 -2.146 1.564 0.407 35 0.744 0.534 0.116
-50 -2.336 1.112 0.327 40 0.816 0.724 0.085
-40 -2.336 0.688 0.26 50 0.816 1.154 0.018
-35 -2.264 0.502 0.229 60 0.626 1.605 -0.062
-30 -2.146 0.342 0.212 70 0.268 2.024 -0.147
-25 -1.986 0.212 0.194 80 -0.213 2.359 -0.226
-20 -1.788 0.116 0.185 90 -0.76 2.571 -0.287
-18 -1.7 0.088 0.182 100 -1.307 2.634 -0.322
-16 -1.608 0.066 0.179 110 -1.788 2.54 -0.325
-14 -1.511 0.05 0.177 120 -2.146 2.301 -0.295
-12 -1.411 0.041 0.175 130 -2.336 1.945 -0.238
-10 -1.307 0.038 0.139 140 -2.336 1.516 -0.162
-8 -1.375 0.035 0.138 150 -2.146 1.064 -0.077
-6 -1.129 0.034 0.136 160 -1.788 0.646 0.005
-4 -0.884 0.033 0.133 170 -1.307 0.31 0.075
-2 -0.639 0.033 0.131 180 -0.76 0.098 0.126
0 -0.405 0.033 0.13
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Table C-4: Lift, Drag and Pitching Moment Coefficient of the Wing with -20° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.661 0.093 0.176 2 -0.076 0.011 0.086
-170 -0.114 0.319 0.227 4 0.157 0.012 0.089
-160 0.367 0.664 0.297 6 0.378 0.014 0.092
-150 0.724 1.089 0.379 8 0.601 0.015 0.103
-140 0.914 1.54 0.464 10 0.784 0.016 0.133
-130 0.914 1.964 0.54 12 0.848 0.019 0.156
-120 0.724 2.31 0.597 14 0.889 0.027 0.164
-110 0.367 2.536 0.627 16 0.874 0.044 0.164
-100 -0.114 2.614 0.624 18 0.784 0.079 0.129

-90 -0.661 2.536 0.589 20 0.64 0.137 0.117
-80 -1.208 2.31 0.528 25 0.564 0.212 0.108
-70 -1.69 1.964 0.449 30 0.724 0.348 0.089
-60 -2.047 1.54 0.364 35 0.842 0.514 0.073
-50 -2.237 1.089 0.283 40 0.914 0.704 0.042
-40 -2.237 0.664 0.217 50 0.914 1.133 -0.025
-35 -2.165 0.479 0.186 60 0.724 1.584 -0.105
-30 -2.047 0.319 0.169 70 0.367 2.003 -0.191
-25 -1.887 0.189 0.15 80 -0.114 2.339 -0.269
-20 -1.69 0.093 0.142 90 -0.661 2.551 -0.33
-18 -1.602 0.065 0.138 100 -1.208 2.613 -0.365
-16 -1.509 0.043 0.136 110 -1.69 2.519 -0.368
-14 -1.412 0.027 0.134 120 -2.047 2.28 -0.339
-12 -1.312 0.018 0.132 130 -2.237 1.924 -0.282
-10 -1.208 0.014 0.096 140 -2.237 1.495 -0.205
-8 -1.276 0.012 0.095 150 -2.047 1.044 -0.12
-6 -1.031 0.011 0.093 160 -1.69 0.625 -0.038
-4 -0.785 0.01 0.09 170 -1.208 0.29 0.031
-2 -0.541 0.009 0.088 180 -0.661 0.078 0.083
0 -0.306 0.01 0.087
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Table C-5: Lift, Drag and Pitching Moment Coefficient of the Wing with -15° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.518 0.09 0.144 2 0.068 0.008 0.055
-170 0.029 0.316 0.196 4 0.301 0.009 0.058
-160 0.511 0.661 0.265 6 0.521 0.011 0.06
-150 0.868 1.086 0.347 8 0.744 0.012 0.071
-140 1.058 1.537 0.432 10 0.927 0.014 0.101
-130 1.058 1.961 0.508 12 0.991 0.018 0.124
-120 0.868 2.307 0.566 14 1.033 0.027 0.133
-110 0.511 2.533 0.595 16 1.017 0.044 0.132
-100 0.029 2.611 0.592 18 0.927 0.078 0.098

-90 -0.518 2.533 0.557 20 0.783 0.136 0.085
-80 -1.065 2.307 0.496 25 0.708 0.21 0.076
-70 -1.546 1.961 0.417 30 0.868 0.347 0.058
-60 -1.903 1.537 0.332 35 0.986 0.513 0.041
-50 -2.093 1.086 0.252 40 1.058 0.703 0.01
-40 -2.093 0.661 0.185 50 1.058 1.132 -0.057
-35 -2.021 0.476 0.154 60 0.868 1.583 -0.137
-30 -1.903 0.316 0.137 70 0.511 2.002 -0.222
-25 -1.743 0.186 0.119 80 0.029 2.337 -0.301
-20 -1.546 0.09 0.11 90 -0.518 2.549 -0.362
-18 -1.458 0.062 0.107 100 -1.065 2.612 -0.397
-16 -1.366 0.04 0.104 110 -1.546 2.518 -0.4
-14 -1.269 0.024 0.102 120 -1.903 2.279 -0.37
-12 -1.169 0.015 0.1 130 -2.093 1.923 -0.313
-10 -1.065 0.011 0.064 140 -2.093 1.494 -0.237
-8 -1.133 0.009 0.063 150 -1.903 1.043 -0.152
-6 -0.887 0.008 0.061 160 -1.546 0.624 -0.07
-4 -0.642 0.007 0.058 170 -1.065 0.288 0
-2 -0.397 0.006 0.056 180 -0.518 0.077 0.051
0 -0.163 0.007 0.055
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Table C-6: Lift, Drag and Pitching Moment Coefficient of the Wing with -10° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.335 0.089 0.103 2 0.25 0.007 0.013
-170 0.212 0.315 0.154 4 0.483 0.008 0.016
-160 0.693 0.661 0.224 6 0.704 0.009 0.018
-150 1.05 1.085 0.306 8 0.927 0.011 0.029
-140 1.24 1.536 0.391 10 1.11 0.013 0.06
-130 1.24 1.961 0.467 12 1.174 0.017 0.083
-120 1.05 2.307 0.524 14 1.215 0.025 0.091
-110 0.693 2.532 0.553 16 1.2 0.042 0.09
-100 0.212 2.611 0.55 18 1.11 0.076 0.056

-90 -0.335 2.532 0.516 20 0.966 0.134 0.044
-80 -0.883 2.307 0.455 25 0.89 0.208 0.035
-70 -1.364 1.961 0.376 30 1.05 0.345 0.016
-60 -1.721 1.536 0.291 35 1.168 0.51 0
-50 -1.911 1.085 0.21 40 1.24 0.7 -0.031
-40 -1.911 0.661 0.143 50 1.24 1.13 -0.098
-35 -1.839 0.475 0.112 60 1.05 1.581 -0.179
-30 -1.721 0.315 0.096 70 0.693 2 -0.264
-25 -1.561 0.185 0.077 80 0.212 2.335 -0.343
-20 -1.364 0.089 0.068 90 -0.335 2.547 -0.404
-18 -1.276 0.061 0.065 100 -0.883 2.61 -0.438
-16 -1.183 0.039 0.063 110 -1.364 2.516 -0.441
-14 -1.086 0.023 0.06 120 -1.721 2.277 -0.412
-12 -0.986 0.014 0.059 130 -1.911 1.921 -0.355
-10 -0.883 0.011 0.022 140 -1.911 1.492 -0.279
-8 -0.95 0.008 0.022 150 -1.721 1.04 -0.194
-6 -0.705 0.007 0.019 160 -1.364 0.622 -0.112
-4 -0.459 0.006 0.017 170 -0.883 0.286 -0.042
-2 -0.215 0.006 0.015 180 -0.335 0.074 0.009
0 0.02 0.006 0.014
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Table C-7: Lift, Drag and Pitching Moment Coefficient of the Wing with -5° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 -0.154 0.089 0.056 2 0.432 0.007 -0.033
-170 0.393 0.315 0.108 4 0.665 0.008 -0.03
-160 0.875 0.661 0.177 6 0.885 0.01 -0.028
-150 1.232 1.085 0.259 8 1.108 0.012 -0.017
-140 1.422 1.536 0.344 10 1.291 0.015 0.013
-130 1.422 1.961 0.421 12 1.355 0.018 0.036
-120 1.232 2.306 0.478 14 1.397 0.027 0.045
-110 0.875 2.532 0.507 16 1.381 0.043 0.044
-100 0.393 2.611 0.504 18 1.291 0.078 0.01

-90 -0.154 2.532 0.469 20 1.147 0.136 -0.003
-80 -0.701 2.306 0.408 25 1.072 0.21 -0.011
-70 -1.182 1.961 0.33 30 1.232 0.346 -0.03
-60 -1.54 1.536 0.244 35 1.35 0.512 -0.047
-50 -1.73 1.085 0.164 40 1.422 0.702 -0.078
-40 -1.73 0.661 0.097 50 1.422 1.132 -0.144
-35 -1.657 0.475 0.066 60 1.232 1.583 -0.225
-30 -1.54 0.315 0.05 70 0.875 2.001 -0.31
-25 -1.38 0.185 0.031 80 0.393 2.337 -0.389
-20 -1.182 0.089 0.022 90 -0.154 2.549 -0.45
-18 -1.094 0.061 0.019 100 -0.701 2.612 -0.485
-16 -1.002 0.039 0.016 110 -1.182 2.518 -0.488
-14 -0.905 0.023 0.014 120 -1.54 2.279 -0.458
-12 -0.805 0.014 0.012 130 -1.73 1.923 -0.401
-10 -0.701 0.011 -0.024 140 -1.73 1.493 -0.325
-8 -0.769 0.008 -0.025 150 -1.54 1.042 -0.24
-6 -0.523 0.007 -0.027 160 -1.182 0.624 -0.158
-4 -0.278 0.006 -0.03 170 -0.701 0.288 -0.088
-2 -0.033 0.006 -0.032 180 -0.154 0.076 -0.037
0 0.201 0.006 -0.033
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Table C-8: Lift, Drag and Pitching Moment Coefficient of the Wing with 0° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0 0.088 0.007 2 0.585 0.007 -0.083
-170 0.547 0.314 0.058 4 0.819 0.007 -0.08
-160 1.028 0.66 0.128 6 1.039 0.009 -0.078
-150 1.386 1.084 0.21 8 1.262 0.01 -0.067
-140 1.576 1.536 0.295 10 1.445 0.012 -0.036
-130 1.576 1.96 0.371 12 1.509 0.016 -0.013
-120 1.386 2.306 0.428 14 1.551 0.024 -0.005
-110 1.028 2.532 0.457 16 1.535 0.041 -0.006
-100 0.547 2.61 0.454 18 1.445 0.075 -0.04

-90 0 2.532 0.42 20 1.301 0.133 -0.052
-80 -0.547 2.306 0.359 25 1.226 0.208 -0.067
-70 -1.028 1.96 0.28 30 1.386 0.344 -0.08
-60 -1.386 1.536 0.195 35 1.504 0.51 -0.096
-50 -1.576 1.084 0.114 40 1.576 0.7 -0.127
-40 -1.576 0.66 0.047 50 1.576 1.129 -0.194
-35 -1.504 0.474 0.016 60 1.386 1.58 -0.275
-30 -1.386 0.314 | -0.0001 70 1.028 1.999 -0.36
-25 -1.226 0.184 -0.013 80 0.547 2.334 -0.439
-20 -1.028 0.088 -0.028 90 0 2.546 -0.5
-18 -0.94 0.06 -0.031 100 -0.547 2.609 -0.534
-16 -0.848 0.038 -0.033 110 -1.028 2.515 -0.537
-14 -0.751 0.023 -0.036 120 -1.386 2.276 -0.508
-12 -0.651 0.013 -0.037 130 -1.576 1.92 -0.451
-10 -0.547 0.01 -0.074 140 -1.576 1.491 -0.375
-8 -0.615 0.008 -0.075 150 -1.386 1.04 -0.29
-6 -0.369 0.006 -0.077 160 -1.028 0.621 -0.208
-4 -0.124 0.006 -0.079 170 -0.547 0.286 -0.138
-2 0.121 0.005 -0.081 180 0 0.074 -0.087
0 0.355 0.006 -0.083
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Table C-9: Lift, Drag and Pitching Moment Coefficient of the Wing with 5° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.186 0.089 -0.036 2 0.771 0.008 -0.126
-170 0.733 0.315 0.015 4 1.005 0.009 -0.123
-160 1.214 0.661 0.084 6 1.225 0.011 -0.121
-150 1.572 1.085 0.166 8 1.448 0.012 -0.11
-140 1.762 1.536 0.251 10 1.631 0.014 -0.08
-130 1.762 1.961 0.328 12 1.695 0.018 -0.057
-120 1.572 2.307 0.385 14 1.737 0.026 -0.048
-110 1.214 2.532 0.414 16 1.721 0.043 -0.049
-100 0.733 2.611 0.411 18 1.631 0.077 -0.083

-90 0.186 2.532 0.376 20 1.487 0.135 -0.096
-80 -0.361 2.307 0.315 25 1.412 0.209 -0.104
-70 -0.842 1.961 0.237 30 1.572 0.346 -0.123
-60 -1.2 1.536 0.151 35 1.69 0.511 -0.14
-50 -1.39 1.085 0.071 40 1.762 0.701 -0.171
-40 -1.39 0.661 0.004 50 1.762 1.131 -0.237
-35 -1.318 0.475 -0.027 60 1.572 1.582 -0.318
-30 -1.2 0.315 -0.043 70 1.214 2 -0.403
-25 -1.04 0.185 -0.062 80 0.733 2.336 -0.482
-20 -0.842 0.089 -0.071 90 0.186 2.548 -0.543
-18 -0.754 0.061 -0.074 100 -0.361 2.611 -0.578
-16 -0.662 0.039 -0.077 110 -0.842 2.517 -0.58
-14 -0.565 0.023 -0.079 120 -1.2 2.278 -0.551
-12 -0.465 0.014 -0.08 130 -1.39 1.922 -0.494
-10 -0.361 0.011 -0.117 140 -1.39 1.493 -0.418
-8 -0.429 0.008 -0.118 150 -1.2 1.041 -0.333
-6 -0.183 0.007 -0.12 160 -0.842 0.623 -0.251
-4 0.062 0.006 -0.122 170 -0.361 0.287 -0.181
-2 0.307 0.006 -0.124 180 0.186 0.075 -0.13
0 0.541 0.007 -0.126
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Table C-10: Lift, Drag and Pitching Moment Coefficient of the Wing with 10° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.325 0.091 -0.075 2 0.91 0.007 -0.165
-170 0.872 0.317 -0.024 4 1.143 0.008 -0.162
-160 1.353 0.662 0.046 6 1.363 0.01 -0.159
-150 1.71 1.087 0.128 8 1.587 0.01 -0.148
-140 1.9 1.538 0.213 10 1.769 0.013 -0.118
-130 1.9 1.962 0.289 12 1.833 0.016 -0.095
-120 1.71 2.308 0.346 14 1.875 0.024 -0.087
-110 1.353 2.534 0.376 16 1.86 0.041 -0.087
-100 0.872 2.612 0.373 18 1.769 0.075 -0.122

-90 0.325 2.534 0.338 20 1.626 0.133 -0.134
-80 -0.223 2.308 0.277 25 1.55 0.208 -0.143
-70 -0.704 1.962 0.198 30 1.71 0.344 -0.162
-60 -1.061 1.538 0.113 35 1.828 0.51 -0.178
-50 -1.251 1.087 0.032 40 1.9 0.7 -0.209
-40 -1.251 0.662 -0.034 50 1.9 1.129 -0.276
-35 -1.179 0.477 -0.065 60 1.71 1.581 -0.356
-30 -1.061 0.317 -0.082 70 1.353 1.999 -0.442
-25 -0.901 0.187 -0.101 80 0.872 2.335 -0.52
-20 -0.704 0.091 -0.109 90 0.325 2.547 -0.581
-18 -0.616 0.063 -0.113 100 -0.223 2.609 -0.616
-16 -0.523 0.041 -0.115 110 -0.704 2.516 -0.619
-14 -0.427 0.025 -0.117 120 -1.061 2.276 -0.59
-12 -0.326 0.016 -0.119 130 -1.251 1.921 -0.533
-10 -0.223 0.012 -0.155 140 -1.251 1.491 -0.456
-8 -0.29 0.01 -0.156 150 -1.061 1.04 -0.371
-6 -0.045 0.008 -0.158 160 -0.704 0.621 -0.289
-4 0.201 0.007 -0.161 170 -0.223 0.286 -0.22
-2 0.445 0.006 -0.163 180 0.325 0.074 -0.168
0 0.679 0.006 -0.164
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Table C-11: Lift, Drag and Pitching Moment Coefficient of the Wing with 15° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.466 0.092 -0.113 2 1.052 0.008 -0.203
-170 1.013 0.318 -0.062 4 1.285 0.009 -0.2
-160 1.495 0.664 0.008 6 1.505 0.011 -0.198
-150 1.852 1.088 0.09 8 1.728 0.012 -0.187
-140 2.042 1.54 0.174 10 1.911 0.014 -0.157
-130 2.042 1.964 0.251 12 1.975 0.017 -0.134
-120 1.852 2.31 0.308 14 2.017 0.026 -0.125
-110 1.495 2.536 0.337 16 2.001 0.042 -0.126
-100 1.013 2.614 0.334 18 1.911 0.077 -0.16

-90 0.466 2.536 0.3 20 1.767 0.135 -0.173
-80 -0.081 2.31 0.238 25 1.692 0.209 -0.181
-70 -0.562 1.964 0.16 30 1.852 0.345 -0.2
-60 -0.919 1.54 0.075 35 1.97 0.511 -0.217
-50 -1.109 1.088 -0.006 40 2.042 0.701 -0.248
-40 -1.109 0.664 -0.073 50 2.042 1.131 -0.314
-35 -1.037 0.478 -0.104 60 1.852 1.582 -0.395
-30 -0.919 0.318 -0.12 70 1.495 2 -0.48
-25 -0.759 0.188 -0.139 80 1.013 2.336 -0.559
-20 -0.562 0.092 -0.148 90 0.466 2.548 -0.62
-18 -0.474 0.064 -0.151 100 -0.081 2.611 -0.654
-16 -0.382 0.042 -0.154 110 -0.562 2.517 -0.657
-14 -0.285 0.027 -0.156 120 -0.919 2.278 -0.628
-12 -0.185 0.017 -0.157 130 -1.109 1.922 -0.571
-10 -0.081 0.014 -0.194 140 -1.109 1.492 -0.495
-8 -0.149 0.011 -0.195 150 -0.919 1.041 -0.41
-6 0.097 0.008 -0.197 160 -0.562 0.623 -0.328
-4 0.342 0.007 -0.199 170 -0.081 0.287 -0.258
-2 0.587 0.006 -0.201 180 0.466 0.075 -0.207
0 0.821 0.007 -0.203
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Table C-12: Lift, Drag and Pitching Moment Coefficient of the Wing with 20° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.536 0.095 -0.133 2 1.121 0.015 -0.223
-170 1.083 0.32 -0.082 4 1.355 0.015 -0.22
-160 1.564 0.666 -0.012 6 1.575 0.017 -0.218
-150 1.922 1.091 0.07 8 1.798 0.018 -0.207
-140 2.112 1.542 0.155 10 1.981 0.021 -0.176
-130 2.112 1.966 0.231 12 2.045 0.024 -0.153
-120 1.922 2.312 0.288 14 2.087 0.032 -0.145
-110 1.564 2.538 0.317 16 2.071 0.049 -0.146
-100 1.083 2.616 0.314 18 1.981 0.083 -0.18

-90 0.536 2.538 0.28 20 1.837 0.141 -0.192
-80 -0.011 2.312 0.219 25 1.762 0.216 -0.201
-70 -0.492 1.966 0.14 30 1.922 0.352 -0.22
-60 -0.85 1.542 0.055 35 2.04 0.518 -0.236
-50 -1.04 1.091 -0.026 40 2.112 0.708 -0.267
-40 -1.04 0.666 -0.093 50 2.112 1.137 -0.334
-35 -0.968 0.481 -0.124 60 1.922 1.588 -0.415
-30 -0.85 0.32 -0.14 70 1.564 2.007 -0.5
-25 -0.69 0.191 -0.159 80 1.083 2.343 -0.579
-20 -0.492 0.095 -0.168 90 0.536 2.554 -0.64
-18 -0.404 0.067 -0.171 100 -0.011 2.617 -0.674
-16 -0.312 0.045 -0.173 110 -0.492 2.523 -0.677
-14 -0.215 0.029 -0.176 120 -0.85 2.284 -0.648
-12 -0.115 0.02 -0.177 130 -1.04 1.928 -0.591
-10 -0.011 0.016 -0.214 140 -1.04 1.499 -0.515
-8 -0.079 0.014 -0.215 150 -0.85 1.048 -0.43
-6 0.167 0.013 -0.217 160 -0.492 0.629 -0.348
-4 0.412 0.012 -0.219 170 -0.011 0.294 -0.278
-2 0.657 0.012 -0.221 180 0.536 0.082 -0.227
0 0.891 0.014 -0.223
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Table C-13: Lift, Drag and Pitching Moment Coefficient of the Wing with 30° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.67 0.117 -0.161 2 1.255 0.038 -0.25
-170 1.217 0.343 -0.11 4 1.488 0.039 -0.248
-160 1.698 0.689 -0.04 6 1.708 0.041 -0.245
-150 2.055 1.113 0.042 8 1.932 0.042 -0.234
-140 2.245 1.565 0.127 10 2.114 0.044 -0.204
-130 2.245 1.989 0.203 12 2.178 0.048 -0.181
-120 2.055 2.335 0.26 14 2.22 0.056 -0.173
-110 1.698 2.561 0.29 16 2.205 0.073 -0.173
-100 1.217 2.639 0.287 18 2.115 0.107 -0.207

-90 0.67 2.561 0.252 20 1.971 0.165 -0.22
-80 0.122 2.335 0.191 25 1.895 0.239 -0.229
-70 -0.359 1.989 0.112 30 2.055 0.375 -0.247
-60 -0.716 1.565 0.027 35 2.173 0.541 -0.264
-50 -0.906 1.113 -0.053 40 2.245 0.731 -0.295
-40 -0.906 0.689 -0.12 50 2.245 1.161 -0.362
-35 -0.834 0.503 -0.151 60 2.055 1.612 -0.442
-30 -0.716 0.343 -0.168 70 1.698 2.03 -0.527
-25 -0.556 0.213 -0.186 80 1.217 2.366 -0.606
-20 -0.359 0.117 -0.195 90 0.67 2.578 -0.667
-18 -0.271 0.089 -0.198 100 0.122 2.641 -0.702
-16 -0.178 0.067 -0.201 110 -0.359 2.547 -0.705
-14 -0.082 0.052 -0.203 120 -0.716 2.308 -0.675
-12 0.019 0.042 -0.205 130 -0.906 1.952 -0.618
-10 0.122 0.039 -0.241 140 -0.906 1.523 -0.542
-8 0.055 0.037 -0.242 150 -0.716 1.071 -0.457
-6 0.3 0.036 -0.244 160 -0.359 0.653 -0.375
-4 0.546 0.036 -0.247 170 0.122 0.317 -0.305
-2 0.79 0.037 -0.249 180 0.67 0.105 -0.254
0 1.024 0.037 -0.25
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Table C-14: Lift, Drag and Pitching Moment Coefficient of the Wing with 45° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.856 0.152 -0.229 2 1.441 0.076 -0.318
-170 1.403 0.378 -0.178 4 1.674 0.077 -0.316
-160 1.884 0.724 -0.108 6 1.895 0.079 -0.313
-150 2.241 1.148 -0.026 8 2.118 0.08 -0.302
-140 2.431 1.599 0.059 10 2.301 0.082 -0.272
-130 2.431 2.024 0.135 12 2.365 0.086 -0.249
-120 2.241 2.37 0.192 14 2.406 0.094 -0.241
-110 1.884 2.595 0.222 16 2.391 0.111 -0.241
-100 1.403 2.674 0.219 18 2.301 0.145 -0.275

-90 0.856 2.595 0.184 20 2.157 0.203 -0.288
-80 0.308 2.37 0.123 25 2.081 0.277 -0.297
-70 -0.173 2.024 0.044 30 2.241 0.414 -0.315
-60 -0.53 1.599 -0.041 35 2.359 0.579 -0.332
-50 -0.72 1.148 -0.121 40 2.431 0.77 -0.363
-40 -0.72 0.724 -0.188 50 2.431 1.199 -0.43
-35 -0.648 0.538 -0.219 60 2.241 1.65 -0.51
-30 -0.53 0.378 -0.236 70 1.884 2.069 -0.595
-25 -0.37 0.248 -0.254 80 1.403 2.404 -0.674
-20 -0.173 0.152 -0.263 90 0.856 2.616 -0.735
-18 -0.085 0.124 -0.266 100 0.308 2.679 -0.77
-16 0.008 0.102 -0.269 110 -0.173 2.585 -0.773
-14 0.105 0.088 -0.271 120 -0.53 2.346 -0.743
-12 0.205 0.079 -0.273 130 -0.72 1.99 -0.686
-10 0.308 0.077 -0.309 140 -0.72 1.561 -0.61
-8 0.241 0.076 -0.31 150 -0.53 1.11 -0.525
-6 0.486 0.076 -0.312 160 -0.173 0.691 -0.443
-4 0.732 0.075 -0.315 170 0.308 0.355 -0.373
-2 0.976 0.075 -0.317 180 0.856 0.143 -0.322
0 1.211 0.075 -0.318
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Table C-15: Lift, Drag and Pitching Moment Coefficient of the Wing with 60° Flap Deflection

o cl Cd Cm o cl Cd Cm
-180 0.961 0.195 -0.253 2 1.546 0.123 -0.343
-170 1.508 0.421 -0.202 4 1.779 0.124 -0.34
-160 1.989 0.767 -0.132 6 1.999 0.126 -0.338
-150 2.346 1.191 -0.05 8 2.223 0.127 -0.327
-140 2.536 1.643 0.035 10 2.405 0.129 -0.296
-130 2.536 2.067 0.111 12 2.469 0.132 -0.273
-120 2.346 2.413 0.168 14 2.511 0.141 -0.265
-110 1.989 2.638 0.197 16 2.496 0.157 -0.266
-100 1.508 2.717 0.194 18 2.406 0.192 -0.3

-90 0.961 2.638 0.16 20 2.262 0.25 -0.312
-80 0.413 2.413 0.099 25 2.186 0.324 -0.321
-70 -0.068 2.067 0.02 30 2.346 0.46 -0.34
-60 -0.425 1.643 -0.065 35 2.464 0.626 -0.356
-50 -0.615 1.191 -0.146 40 2.536 0.816 -0.387
-40 -0.615 0.767 -0.213 50 2.536 1.246 -0.454
-35 -0.543 0.581 -0.244 60 2.346 1.697 -0.535
-30 -0.425 0.421 -0.26 70 1.989 2.115 -0.62
-25 -0.265 0.291 -0.279 80 1.508 2.451 -0.699
-20 -0.068 0.195 -0.288 90 0.961 2.663 -0.76
-18 0.02 0.169 -0.291 100 0.413 2.726 -0.794
-16 0.113 0.149 -0.293 110 -0.068 2.632 -0.797
-14 0.209 0.135 -0.296 120 -0.425 2.393 -0.768
-12 0.31 0.127 -0.297 130 -0.615 2.037 -0.711
-10 0.413 0.126 -0.334 140 -0.615 1.607 -0.635
-8 0.346 0.124 -0.335 150 -0.425 1.156 -0.55
-6 0.591 0.123 -0.337 160 -0.068 0.738 -0.468
-4 0.837 0.122 -0.339 170 0.413 0.402 -0.398
-2 1.081 0.121 -0.341 180 0.961 0.19 -0.347
0 1.315 0.122 -0.343




181

Appendix D

Calculations of Thrust and Power Coefficients of the Propeller

Blade element theory was combined with Goldstein’s classical vortex theory in order to
create a refined model of the pusher propeller [67]. Blade element theory cannot comprehensively
model a propeller, especially at low speeds. Blade stall for certain ranges of relatively high pitch
inputs at low enough speeds also creates issues. Vortex Theory was introduced and incorporated
into a baseline blade element model for a more accurate determination of inflow and sectional
angles of attack.

To account for the helical trailing vortex system downstream of the propeller disk, the
propeller inflow, 4, is iterated as a function of total induced velocity, w, and is given by equation
D.1, where V, is The total propeller induced velocity is further decomposed along the propeller
blade segments into its axial, w,, and tangential, w,, components as shown in equations D.2 and
D.3, where r is the local non-dimensional radial position, B is the number of propeller blades, I"is
the bound circulation, x is the local dimensional radial position and F is the total tip loss factor.
Both components contribute to the resultant velocity, V., resolved along each blade segment

given in equation D.4.

V4w D.1
A= 7
AR (V)z N 4Wt< wt) D.2
Ye =7, 7 v, 7
_ BI' D.3
Y 4mxF

D.4
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Both hub and tip loss correction factors are used on each blade element based on the
radial position and local inflow angle to develop a total loss factor. Corrections for local angles of
attack, a, based on section blade thickness, t, are also used along with a correction to camber to
account for flow curvature. Each sectional angle of attack is ultimately computed using equation
D.5 and then used to find the sectional lift, ¢, and drag, cq4, coefficients, where g is the local
propeller pitch, ¢ is the local inflow angle, a, is the local zero-lift angle of attack, o is the solidity

and c is the chord.

a=ﬂ—tan_1(ﬁ)—¢—0{ _&(E> D5

The bound circulation at each radial station along the blade is computed in order to iterate
on tangential induced velocity at each new value of total induced velocity. This entire process for
inflow convergence is performed at a given advance ratio and propeller pitch. Calculations of the
propeller thrust, Cr, and power coefficients, Cp, are based on equations D.6 and D.7 respectively,

where r; is the non-dimensional spinner radius.

1.[3 1 Ve
=5 )
8 Ts Vt
7'[4 1 I/e 2
=5, |7
8 Ts Vt

As far as airfoil property inputs, the model does not use a fixed Reynolds number but

2

) D.6
alcicos(¢p + a;) — cgsin(p + ai)]} dr

, D.7
alesin(¢p + a;) + cgcos(p + a,-)]}rdr

rather a varying local Reynolds number, including low speed corrections, at each blade segment
and adjusts the stall angle of attack and zero-lift angle of attack as the Reynolds number varies.
Areas of stall are modeled using quasi-steady lift and drag coefficients; there are clear and
identifiable areas of blade stall that can be avoided when performing a full aircraft trim, while
areas of reverse thrust at higher advance ratios and low pitch inputs are known and can be used in

decelerating flight conditions.
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