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ABSTRACT
Performance and agility of rotorcraft can be improved using envelope protection
systems (or carefree maneuvering systems), which allow the aircraft to use the full flight
envelope without risk of exceeding structural or controllability limits. Implementation of
such a system can be divided into two necessary parts: “Limit Prediction” which detects
the impending violation of the limit parameter, and “Limit Avoidance” where a
preventive action is taken in the form of pilot cueing or autonomous limiting. Depending
upon the underlying flight control system, implementation of the envelope limiting
system was categorized into two different structures: “Inceptor Constraint Architecture”
and “Command Limiting Architecture”.
The Inceptor Constraint Architecture is applicable to existing rotorcraft with
conventional flight control system where control input proportionally affects control
surfaces. The relationship between control input and limit parameter is complex which
requires advanced algorithms for predicting impending limit violations. This research
focuses on limits that exceed in transient response. A new algorithm was developed for
predicting transient response using non-linear functions of measured aircraft states. The
functions were generated off-line using simulation data from a non-real-time simulation
model to demonstrate the procedure for extracting them from flight test data. Constraints
on pilot control stick were generated using control input sensitivity of transient peak.
The stick constraints were conveyed to the pilot using a softstop cue on an active control
stick. The system was evaluated in real-time piloted simulation for longitudinal hub
moment limit avoidance using two different aggressive maneuvers. Results showed that
the prediction algorithm was effective, as the system reduced frequency and severity of
hub moment limit violations without significantly affecting the achievable agility of the
aircraft. Pilot comments suggested a borderline objectionable movement of softstop cue.
This was corrected by distribution of constraints between softstop cue and autonomous
protection according to the frequency content.
Modern rotorcraft flight control systems are designed to accurately track certain
aircraft states like roll and pitch attitudes which are either specified as command inputs in
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unmanned rotorcraft or mapped to control stick in piloted aircrafts. In the Command
Limiting Architecture applicable to these systems, performance constraints were
generated on the command input corresponding to the envelope limit. To simulate this
flight control system, an adaptive model inversion controller was applied to a non-linear,
blade element simulation model of a helicopter. The controller generated fully-coupled
lateral, longitudinal, vertical and yaw axis control inputs using a single design point
linear model. An adaptive neural network compensated for inversion errors. Ability of
the controller to accurately track aircraft states was exploited to implement a longitudinal
hub moment limiting system. A torque protection system was implemented with coupled
constraints in longitudinal and vertical axis. Real-time piloted simulation results showed
that aircraft was able to achieve maximum rate of climb, maximum forward acceleration
or maximum forward velocity corresponding to the torque limit.
For unmanned rotorcraft (UAV) applications, an Inner Loop – Outer Loop
controller was implemented to achieve trajectory tracking. In this controller structure,
inner loop constraints generated by the envelope protection system place saturation limits
in closed loop feedback path. This causes integrator windup in the presence of integral
action in outer loop controller. An outer loop constraint method was implemented to
generate constraints on outer loop command corresponding to inner loop constraints. For
outer loop controller with feed-forward gain, the method was evaluated for the coupled
longitudinal and vertical axis torque limit using non-linear simulation model.

For

controllers without feed-forward gain, it was evaluated using linear model simulations.
Results showed that the outer loop constraint method resulted in smaller transient peaks
and small settling times compared to saturation limits on inner loop command.
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NOMENCLATURE
A, B, C, D

= State-space dynamic matrices

ay

= Lateral acceleration (ft/s)

e

= Error vector

f, g, H, Q

= Limit parameter response functions

g

= Gravitational acceleration (ft/s2)

hr

= Distance between main rotor hub and aircraft C.G. (ft)

Ixx , Iyy , Izz , Ixz

= Aircraft moments of inertia at body axes (slug-ft2)

K

= Feedback gain

KP , KI ,KD

= Constants for PID error dynamics

Kβ , Khub

= Individual blade and total hub spring constant

M

= Aircraft total pitching moment at C.G. (ft-lb)

MH

= Longitudinal hub moment (ft-lb)

Ma

= Aircraft mass (slug)

Mf

= Fuselage aerodynamic pitching moment at C.G. (ft-lb)

Nb

= Number of rotor blades

p, q, r

= Roll, pitch and yaw rate (deg/s)

Sht

= Area of horizontal tail (ft2)

T

= Main rotor thrust (lb)

U

= Pseudo control vector

Uad

= Adaptive neural network output

u, v, w

= x-, y- and z- directional body velocities

u

= Control input

V

= Total airspeed (knots)

VD

= Descent velocity (ft/s)

VH

= Maximum level speed (knots)

W

= Neural network weight vector / Aircraft weight (lb)

x, xs, xf

= Aircraft states, slow states and fast states respectively

x, y, z

= Aircraft body axes

xii
y

= Limit parameter

Zht

= Lift at horizontal tail (lb)

Δ

= Variation from trim position

~
Δu

= Step input from current stick position

φ, θ, ψ

= Roll, pitch and yaw angle (deg)

β

= Basis vector for adaptive neural network

β1s , β1c

= Lateral and longitudinal flapping angles (deg)

δ lat , δ long , δ col , δ ped = Lateral, longitudinal, collective and pedal stick input (in)
ω,ζ

= Frequency and damping ratio of command filter dynamics

Subscripts:
0

= Initial condition / Current values

c

= Output from command filter

cmd

= Input command

D

= Desired values

e

= Trim condition values

u, l

= Corresponding to upper and lower limit respectively

lim

= Limiting value

m

= Measured values

ss

= Steady state values

φ, θ, r, VD

= Corresponding to roll, pitch, yaw and vertical axis

Superscripts:
~

= Error between actual and commanded inputs

Abbreviations:
s, c

= sine and cosine values

xiii
ACKNOWLEDGEMENTS

I express my sincere gratitude towards my advisor Dr. Joseph F. Horn for his
guidance and support throughout the course of this research. His experience and insights
have been instrumental in formulating concepts developed in this thesis. I would like to
thank my committee members Dr. Edward Smith, Dr. Farhan Gandhi and Dr. Asok Ray
for their comments and suggestions. I am thankful to Dr. Prasad for providing resources
at Georgia Tech. for this project. Special thanks to Geoffrey Jeram for conducting
piloted simulations.
I would like to acknowledge the National Rotorcraft Technology Center for
supporting this project under the Penn State Rotorcraft Center grant (Technical Monitor:
Dr. Yung Yu, Grand Number: NGT2-52275).
I would like to thank my colleagues Dooyong Lee, Derek Bridges, Brian Geiger,
Suraj Unnikrishnan, Ilkay Yavrucuk and Umesh Paliath for their friendship and
feedbacks.
I give special thanks to my family. I dedicate this thesis to my parents Nisha and
Arun Sahani, and my sister Deepali Maladkar for supporting and encouraging me through
all the ups-and-downs in my life.

Chapter 1
Introduction

1.1 Motivation

The Flight envelopes of modern rotorcraft are constrained by a variety of limits
that define performance and maneuvering capability of the aircraft. Many of these limits
are associated with controllability and structural integrity of the aircraft, for example
main rotor under-speeding, gearbox overtorque etc. It is critical that pilots observe these
limits in all flight conditions. Other limits like blade overstress are established to prevent
the degradation of fatigue life of certain airframe components, and it is highly desirable
to observe these limits in order to reduce the maintenance cost of the aircraft. These
limits are governed by a combination of different aircraft states and are therefore difficult
to detect. This increases the pilot workload and the possibility of limit exceedances
under adverse weather conditions and during extreme maneuvers. Since these limits are
not easily perceived, pilots try to operate in a more restricted flight envelope, which
degrades maneuvering performance of the aircraft.
The performance and handling qualities issues associated with flight envelope
limits have driven the need for carefree maneuvering capability. The term “Carefree
Handling” or “Carefree Maneuvering” (CFM) refers to the capability of a pilot to fly

throughout the operational flight envelope without requiring significant workload to
monitor and avoid exceeding structural, aerodynamic or control limits [1]. Studies have
shown that handling qualities are degraded as pilots attempt to perform more aggressive
maneuvers. The degradation in handling qualities is largely due to the requirement to
monitor and avoid envelope limits associated with the structural and controllability
constraints on the aircraft [1-5]. A number of these critical limits for rotorcraft have been
identified in the joint study by the U.S. and France [2].

Pilots must typically be

conservative when maneuvering near the limits that are not easily perceived, and as a
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result the maximum agility of the aircraft is not obtained. In particular, the U.S. Army
has expressed the need for carefree handling for military rotorcraft mission effectiveness
[3]. Apart from reduction in pilot workload, the integration of carefree maneuvering
system with the Aircraft Flight Control System (AFCS) has the potential of avoiding
aircraft structural integrity limits. When fully implemented, such a system may allow
aircraft designers to reduce excessive safety margins which amount to significant weight
savings, and consequently improved performance.

1.2 Carefree Maneuvering Control System Architecture

The onboard sensors on the rotorcraft, along with the out-of-window cues provide
the pilot with valuable information about the current state of the rotorcraft. But, the
aircraft response is always lagging behind the control input. In order to determine the
control constraints corresponding to the aircraft response approaching the limit requires a
lead prediction of the aircraft response to control input. Therefore, the first important
aspect of CFM is Limit Prediction, where the future response of the limit parameter is
predicted using known aircraft dynamics and current state measurements. It requires
prediction algorithms which are robust, efficient and easy to implement in real time. The
time lag between control input and aircraft response also provides the pilot with a finite
time window to take corrective action. The approaching limit information needs to be
provided to the pilot without significantly increasing the pilot workload. Therefore the
second aspect of CFM is to design an efficient Limit Avoidance mechanism. Depending
on the primary flight control system on the aircraft and the aircraft response to control
input, two different strategies can be applied to implement CFM.

1.2.1 Inceptor Constraint Architecture

Schematic implementation of this architecture is shown in Figure 1-1.

This

architecture is applicable to aircrafts with conventional flight control system where
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control input proportionally affects the control surfaces. Most of the existing rotorcraft
fall into this category. For these aircrafts, the limit parameter is related to the control
input through a complex dynamical relationship. This relationship is usually difficult to
invert. Therefore main goal of the limit prediction algorithms is to implement different
algorithms to obtain the control constraints. As the aircraft is constrained by multiple
limits, different prediction algorithms need to be used to compute constraints
corresponding to each limit. These constraints can be cued to the pilot using different
mechanisms like visual, aural cues or tactile cue using an Active Control Stick. In
previous studies, tactile cues have been found to be effective in limit avoidance without
increasing pilot workload [4]. Tactile cueing through active control stick also allows the
pilot to override the limit in emergency situations. It is also possible to have automatic
limit avoidance through Aircraft Flight Control System (AFCS). Limit Arbitrator is the
interface that decides the critical limit to cue the pilot and the method of cueing. A fuzzy
logic based expert system for limit arbitrator has been suggested in Ref. 6, 7.

Normal Pilot Cues

Pilot

Active Control Stick
Limit Arbitrator

Aircraft
AFCS

Limit Avoidance

Critical Constraint
Calculation
Limit Prediction

Figure 1-1: Inceptor Constraint Architecture

Prediction
Algorithms

Sensors
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1.2.2 Command Filter Limiting Architecture

Demanding military mission requirements and conforming to ADS-33 [8]
handling qualities requirements are driving the need for high bandwidth controllers. The
design methods used for flight controls on modern military rotorcraft such as the RAH-66
and V-22 have been shown to be effective. Such controllers can provide desired handling
qualities over the entire flight envelope. The desired handling qualities are achieved
through proportional response types, like Attitude Command Attitude Hold (ACAH) and
Rate Command Attitude Hold (RCAH) specified in the ADS-33. These response types

directly relate the control input to translational and rotational states. Future rotorcraft
will feature such controllers as demonstrated by the technology demonstrator Helicopter
Active

Control

Technology

program

detailed

in

following

section

[9-13].

Implementation of CFM for the rotorcraft featuring such advanced flight control system
is shown in Figure 1-2. The implementation can also be applied to Unmanned Aerial
Vehicles (UAVs) where command is specified directly in terms of translational or
rotational states. The Desired Response filter computes the required response which is
followed by the tracking controller. It offers a novel way of limit avoidance as there
exists a simple dynamical relationship between translational / rotational states and limit
parameter. For some limits the dynamical relationship can be inverted to compute the
constraints on desired response.
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UAV

Velocity /
Angle
Commands
Active
Control Stick
Pilot
Pilot Control

Reduced Order Dynamics, G(s)
Limit Avoidance

Desired Response
ACAH/RCAH

Tracking
Controller

Constraints on
Desired Response

Aircraft

Sensors

Limit Parameter to
Command Dynamics

Limit Prediction

Figure 1-2: Command Filter Limiting Architecture

1.3 Helicopter Active Control Technology Program

CFM is one of the features of the HACT program. As a trend-setter in the future
of rotorcraft flight control systems, the technologies incorporated in the HACT program
require a special mention. The Helicopter Active Control Technology (HACT) program
is a science and technology flight demonstrator program undertaken by the U.S. Army
and the Boeing Company [9-13]. The goal of the program was to flight demonstrate the
ability of the active control technologies to improve rotorcraft control, handling qualities,
and mission effectiveness for current and next generation rotorcraft. It was also aimed at
demonstrating the modern design methods to reduce the control system cost for new or
modified systems.
The program demonstrates the implementation of active flight control
technologies as a part of a vehicle management system to enhance the handing qualities
and to improve mission effectiveness in day, night, and adverse weather conditions. The
three important technologies integrated in the HACT program are carefree maneuvering,
regime recognition, and task tailored control laws. The carefree maneuvering refers to
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cueing the pilot of the onset of the structural or aerodynamic limit exceedances. It allows
the pilot to use the true flight envelope and reduces the inadvertent limit exceedances.
The regime recognition is the capability of the system to automatically identify the flight
phase and mission maneuver based on the vehicle and environmental measurements. The
task tailoring is the automatic mode transition to the appropriate flight response type.

Coupled with regime recognition, it allows the aircraft flying qualities to be automatically
optimized for the operating condition without requiring the pilot to manually select flight
control laws.
The HACT program utilizes high fidelity modeling, simulation techniques, and
design methods. These techniques, along with pilot-in-the-loop simulations allow the
design of an accurate control system prior to the flight tests. Consequently, it reduces the
iterations in flight tests needed to achieve desired handling qualities.
The program also uses the Rotary Voltage Differential Transducer (RVDT)
technology to measure the rotor states like individual blade flap and lag angles on the
main rotor. Apart from carefree maneuvering, task tailoring and regime recognition
applications, these rotor state measurements are utilized in different tasks including gust
rejection and aeromechanical stability augmentation.
Figure 1-3 illustrates the HACT flight control system (HFCS). The task tailored
control laws and carefree maneuvering feature provide the additional stabilization and
control augmentation when flying in a degraded visual environment. The control system
enables the pilot to fly confidently and safely throughout the entire flight envelope and
enhances the mission performance.
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Figure 1-3: HACT flight control system architecture [11]

1.4 Overview of Previous Research

A study was conducted by the GNK Westland Helicopters Limited and the
Defense Evaluation Research Agency to review and quantify the expected benefits from
the application of Advance Control Technology (ACT) in terms of the military
requirements for improved sustainability, productivity, capability and survivability [5].
The ACT by definition encompasses three major areas: Fly-by-wire primary flight
control, Advanced control laws and Carefree handling system. The maximum benefit
will be gained when all the three technologies are mature and integrated together in
appropriate manner. It was shown that ACT will reduce the fleet through-life cost which
amounts to a significant monetary savings.

ACT has a potential for increased

productivity with reduction in aircraft mass and increase in either weapons payload,
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radius of action or endurance. Furthermore, ACT is fundamental to safe and effective
day/night all weather operations and contributes significantly to agility, precision control,
situational awareness and crashworthiness.
A study was conducted at the Defense Research Agency (U.K.) on carefree
maneuvering control laws in rotorcraft [1]. In this study, a carefree handling AFCS
blended a rotor speed command mode for low collective lever position, a collective pitch
command mode for intermediate lever travel, and a torque command mode for high
collective lever positions. Hence, the height control response was not sluggish in normal
operations, but the torque and rotor speed protection were provided in the extreme range
of stick travel. Also, a softstop on active control stick indicated the maximum continuous
torque limit. The pilot had an option to override and pull through the maximum transient
limits. The system evaluated for aggressive maneuvers showed improved limit protection
and reduced task time.
In the past research, various approaches have been used to accomplish the task of
Limit Prediction. Apart from the HACT program, the research is mainly focused on

developing limit prediction algorithms for Inceptor Constraint Architecture.

In the

approach adopted in Ref. 14, the first attempt is to generate limits using empirical
formulae. If this is not possible, off-line trained neural networks are used to compute the
limit.

If this approach is not feasible, then on-line learning networks are used to

synthesize the limit.
A combination of hybrid neural network – fuzzy logic system has been evaluated
for detection and prevention of rotorcraft flight limit exceedances [15]. The aircraft
limits were modeled using the neural network and the fuzzy logic algorithms were used
to characterize the aircraft flight condition with respect to these limits to provide
continuous measure of limit exceedance.
A study was conducted at the NASA Ames Research Center on main rotor torque
cueing system [16]. The system used a neural network to predict near-future limit
exceedances, and tactile cues on inceptor and visual cues on head-up-display to alert the
pilots. Polynomial neural network (PNN) was used for the predictions of near future
limit exceedances. Two different PNN architectures have been investigated: inverse
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architecture and forward architecture.

The inverse architecture uses a Fixed Time

Horizon Prediction Method. In this method, the PNN was designed to estimate the stick

position using current rotorcraft states and the torque limit. The PNN computes the value
of current stick position that would cause the torque to be precisely at its limit one
prediction horizon in the future. The prediction horizon is a fixed time in the future at
which the torque is expected to reach its peak value. Though it explicitly computes the
softstop location, it is not suitable for the multi-axis maneuvers where there is no unique
solution and the limit can be reached for multiple stick positions.

In the forward

architecture, the future value of the limiting parameter was estimated using current
observables. The stick limit positions were calculated using a collective stick gradient
corresponding to the collective stick displacement for a unit change in torque. The data
for the PNN was generated using piloted simulation. The cueing was provided for main
rotor torque, blade stall and hub moment. The blade stall was estimated using Equivalent
Retreating Indicated Tip Speed (ERITIS) [4]. Force gradient and breakout were used for
cueing. The piloted simulation evaluation of their model demonstrated that the tactile
cueing system effectively allows pilots to achieve maximum maneuver performance with
minimal limit exceedances.
A three axis active side-stick controller was evaluated at the Boeing Company
[17,18]. The tactile cues for longitudinal cyclic control margin, tail-rotor gearbox torque
limiting, hub moment limiting, bank angle limiting and load factor cueing have been
considered. For each limit being cued, a single pilot control was selected as a primary
factor driving the limit. The maximum and minimum bounds for this pilot control that
correspond to desired limit were dynamically calculated. The tactile cues included force
biases, trim offsets, variable spring gradients, moveable soft-stops, moveable hard-stops,
rate limits, acceleration limits and stick shakers.

Along with these, automatic trim

follow-ups, nonlinear input shaping and dynamic lead shaping was used on the side-stick
controller. The model was evaluated in flight simulator by experienced pilots. The
results showed that tactile cueing allows the pilot to approach a limit more aggressively
and reduces the pilot workload. The results also demonstrated that two different tactile
cues can be integrated on the same axis and tactile cue response can be felt on a different
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axis than the axis on which the control input was made. The encouraging results obtained
from this study lead to the Helicopter Active Control Technology (HACT) program at
Boeing [9-13]. The program was intended to develop HACT flight control system to be
used on RAH-66 Comanche, and to be extended later for other aircrafts.
Advanced algorithms have been developed and evaluated for flight envelope limit
detection and avoidance in tilt-rotor aircraft and helicopter [19-49]. In these studies,
dynamic response of the limit parameter was grouped into three categories according to
their response to step input: Transient Peak Response Critical, Steady State Response
Critical and Integrated Response Critical (Figure 1-4).

Different approaches were

proposed depending upon the dynamic characteristics of the limit parameter.

For

transient response critical limits, it is desired to limit the peak response of the limit
parameter; while for steady state response critical limits, it desired to limit the steady
state response of the limit parameter. For example, blade flap angle limit is a transient
response critical limit and gearbox torque limit is a steady state response critical limit.
For integrated response critical limits, time is also a critical parameter for the limit.
Terrain avoidance is an example of integrated response critical limit.

A graphic

representation of these limits is shown in Figure 1-4. The Dynamic Trim Algorithm and
Adaptive Dynamic Trim Algorithm were applied to steady state response critical limits,

while Peak Response Estimation Algorithm was used for transient response critical limit
[19-28].

Step Response of Limit Parameter
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Integral Response
Critical Limit
Steady−state Response
Critical Limit

Transient Response
Critical Limit

Time

Figure 1-4: Limit parameter response categories [21]
Aircraft states can be categorized into “slow states” and “fast states” according to
their response time to reach a steady state. Slow states (e.g. body velocities) require
larger response time and fast states (e.g. angular rates) require shorter response time. The
term Dynamic Trim refers to a quasi-steady maneuvering flight condition where fast
states have reached the equilibrium and slow states are varying with time. The dynamic
trim algorithm uses neural networks to calculate the control deflections in dynamic trim
that result in flight envelope limit violations. The adaptive dynamic trim algorithm uses
adaptive neural network to compensate the errors between the neural net prediction of the
parameter and actual measurements. The adaptive neural network increases the accuracy
of prediction over the dynamic trim algorithm. The algorithms have been evaluated in
non-real-time simulations and in real-time piloted simulations to provide V-n envelope
and torque protection on tilt-rotor aircraft [19,20]. The system was found to be quite
effective in preventing envelope violations and was capable of handling multiple
simultaneous limits. By supplementing the dynamic trim estimation algorithm with an
adaptive neural network, the system has the capability to adapt to large variations in
weight and balance parameters. The adaptive system was evaluated to provide the V-n
envelope protection with a varying CG location [24]. The adaptive system improved the
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envelope protection capabilities of dynamic trim algorithm. The dynamic trim estimation
algorithm has also been evaluated in non-real-time simulations and real-time piloted
simulations for torque limiting in UH-60A Black hawk [29-31].
A peak response estimation algorithm is used for avoiding transient limits. The
algorithm is based on an approximate linear model of the parameter dynamics. The
algorithm is designed to estimate the transient peak of the limited parameter that occurs
immediately after the control input. Constraints on the pilot’s control can be determined
by calculating the control deflection that causes the response to peak at the envelope
limit. The algorithm was applied to enforce longitudinal flapping limits on a tilt-rotor
aircraft in helicopter mode [21,23,25,26]. It was also tested in non-real time simulations
for avoiding main rotor hub moment and flapping limits [27,28].
An Adaptive Neural Network Based Algorithm has been evaluated in Ref. 44-48.
The algorithm was developed to use linearly parameterized neural networks, and was
later extended to use single hidden layer neural networks, known for their better learning
capability. The algorithm was applied for limiting load factor, angle of attack and torque
in tilt-rotor simulation [44-48]. The algorithm has also been applied for limit avoidance
in Unmanned Aerial Vehicles (UAVs) [38-43,49].

1.5 Research Objectives and Chapter Organization

A number of studies have shown that the Carefree Maneuvering System has a
potential for reducing the pilot workload in performing aggressive maneuvers.

In

addition, such a system will enhance the maneuvering capability of the aircraft by
allowing the pilot to maneuver close to the limit, and at the same time, increasing the
component life by avoiding inadvertent limit exceedances by pilot.

A number of

algorithms have been developed and implemented in non-real-time and real-time piloted
simulations. Pilot comments and handling qualities evaluations have justified that such a
system will reduce the pilot workload. The fly-by-wire control system and on-board
flight computers have provided the tools necessary for implementation of such a system.

13
A number of researchers in the past have considered different algorithms for limit
prediction.

But, still there is room for improvement in terms of accuracy of the

prediction algorithms, incorporating non-linearities in the prediction model and other
implementation issues like computational time and uncertainties. Also, handling qualities
concerns need to be addressed when providing envelope protection using pilot cueing or
autonomous limiting.

UAV applications require seamless integration of envelope

protection system with trajectory tracking and obstacle avoidance loops. This thesis
addresses some of these issues by providing better and improved algorithms and
implementation techniques to advance one step closer to the final goal of flight test
evaluation of envelope protection system in piloted and unmanned rotorcraft. Specific
contributions of this thesis have been summarized in following paragraphs.

A

comparison of previous research and contributions of this thesis are summarized in
Table 1-1.
As discussed in section 1.2, implementation of CFM can be categorized into two
tasks: Limit Prediction and Limit Avoidance. This research focuses on developing better
and efficient prediction algorithms, and at the same time, addresses some of the issues
related to limit avoidance that were encountered when implementing the envelope
protection system.
Two different ways of implementing the CFM system have been discussed in
section 1.2. The Inceptor Constraint Architecture, which is mainly applicable to existing
rotorcraft, is used when the response of the limit parameter to control input is governed
by complex dynamical equations. A number of algorithms like Dynamic Trim and
Adaptive Dynamics Trim have been developed for steady-state response critical limits
and Peak Response Estimation Algorithm for transient response critical limits. In the
present work, the focus is limited to the transient response critical limit. A better and
improved algorithm for these limits has been discussed in Chapter 2. Specifically, the
algorithm overcomes a number of drawbacks of the peak response estimation algorithm:
1) The future response prediction is not limited to using a linear model.

2) The

algorithm avoids the iterative search performed for computing control constraint. The
improved computational efficiency makes the algorithm suitable for real-time
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implementation. 3) The algorithm calculates stick constraints even if the limit parameter
has exceeded the limit; the peak response estimation algorithm was inaccurate for this
flight condition. The algorithm was evaluated using a simulator facility at Georgia Tech.
The simulator features an active control sidestick which performs the task of limit
avoidance. The algorithm was tested in real-time piloted simulations for transient hub
moment limit.
The Command Limiting Architecture is applicable to future rotorcraft or UAVs
which feature a model following controller to track aircraft states. In order to implement
and test this architecture using available simulation tools, a high bandwidth adaptive
model inversion controller similar to Ref. 63 was applied to a high fidelity helicopter
simulation model. The controller tracked roll angle, pitch angle, yaw rate and descent
velocity commands, and provided turn coordination at high velocities. A command filter
generated the desired acceleration commands that exceeded the ADS-33 handling quality
specifications. A high bandwidth controller results high acceleration commands and
consequently in frequent limit violations. Therefore a method was developed to limit
command inputs corresponding to envelope limits. Ability of the controller to accurately
track aircraft states was utilized to implement longitudinal hub moment limit protection
which generated dynamic constraints on pitch acceleration. The present approach differs
from the approach adopted in the Comanche program where constant pitch accelerations
constraints were implemented in the command filter. In this approach, constraints are
inside the feedback loop which can result in degraded response due to integrator windup.
This was avoided in the present approach by converting the pitch acceleration constraint
to the constraints on input command of pitch angle. A steady state torque protection
system was implemented with coupled constraints in both longitudinal and vertical axis.
Previously developed dynamic trim approach only generated vertical axis constraints and
the energy limit approach only generated longitudinal axis constraints.

In the past

approaches, these two algorithms were evaluated separately, but never together. Since
torque is a coupled longitudinal and vertical axis limit, approaching the limit in one axis
results in maneuver restrictions in the other axis. The present approach combines these
two approaches into one unified approach to generate coupled constraints in both
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longitudinal and vertical axes. The adaptive model inversion controller with longitudinal
hub moment and torque limit protection has been discussed in Chapter 3.
The model following controller provides accurate tracking of aircraft attitudes.
For piloted rotorcraft, the control stick can be mapped with aircraft attitudes using a
linear function. However, UAVs require trajectory tracking capability. Therefore an
Inner Loop – Outer Loop type controller structure was implemented with aircraft attitude
commands and the model following controller forming the inner loop. The outer loop
provided trajectory tracking and generated inner loop commands using a compensator on
the trajectory tracking error. The envelope protection algorithms discussed in Chapter 3
generate constraints on inner loop command.

Closing the outer loop places these

saturation constraints inside the closed loop feedback path.

This causes integrator

windup in the presence of integral action in the outer loop compensator. This results in
larger transient peaks and higher settling times. Chapter 4 presents a method to move
these saturation constraints outside the closed loop feedback loop.

A number of

approaches developed in the past require modifications to the controller design to avoid
integrator windup. The present approach does not require any modification or redesign
of the outer loop compensator. This method was evaluated using a non-linear helicopter
model for the outer loop controller with a feed-forward gain. The method differs slightly
if the outer loop compensator does not have a feed-forward gain. As such compensators
are rare, evaluation of this method was restricted to a linear model.
Specific conclusions drawn from this study and guidelines for the future research
are presented in Chapter 5.
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Table 1-1: Summary of previous research and contributions of this thesis.
Researcher

Whalley, M.

Algorithms Developed
• Neural network based limit detection system for

rotorcraft. Used offline trained and online learning

Applications
• Performed feasibility study for neural network

based limit protection system. [14]

neural networks.
Barron, R.,

• Fixed Horizon Prediction Method

Whalley, M.

• Inverse Architecture: Polynomial neural network

to explicitly compute stick constraints.
• Forward Architecture: Polynomial neural network

• Piloted simulations for main rotor torque using

OH-58D Kiowa simulation model.
• Piloted simulations for blade stall (using

Equivalent Retreating Indicated Tip Speed

to predict future value of the limit parameter.

[ERITIS]) and main rotor torque using UH-60A

Calculate stick constraints using stick gradient

Black Hawk simulation model. [15]

corresponding to stick input for a unit change in
limit parameter.
Horn, J. F.,
Calise A. J.,
Prasad, J. V. R.

• Developed Dynamic Trim Algorithm for steady

state response critical limits.

• V-n envelope limiting in longitudinal axis and

torque limiting in collective axis. Evaluated in
non-real-time simulations using XV-15 tilt-rotor
simulation model.
• Real-time piloted simulations for angle of attack

and load factor protection using V-22 tilt-rotor
simulation model. Constraints on pilot
longitudinal stick. [19-22,24]
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• Developed Adaptive Dynamic Trim Algorithm that • Evaluated in non-real-time simulations using XV-

uses an adaptive neural network to compensate for

15 tilt-rotor simulation model for V-n envelope

varying weight and balance parameters. This

protection with varying CG location. [19-22,24]

algorithm is applicable to steady state response
critical limits.
• Developed Peak Response Estimation Algorithm

Yavrucuk, I.,

• Longitudinal flapping limits on longitudinal

for transient response critical limits. The

control stick. Evaluated in non-real-time

algorithm used linear model of fast dynamics to

simulations using XV-15 tilt-rotor simulation

compute stick constraint.

model. [21,23,26]

• Used an adaptive neural network to compute stick

• Evaluated in non-real-time simulations using XV-

Unnikrishnan, S.,

constraints. The algorithm used linear

15 tilt-rotor simulation model for load factor and

Prasad J. V. R.,

parameterized neural network and was later

angle of attack limit in longitudinal axis and torque

Calise A. J.

extended to use single hidden layer neural

limit in collective axis. [44-48]

network.

• Evaluated for blade stall limit (ERITIS) in flight

tests for Yamaha R-MAX unmanned autonomous
helicopter. [38-43,49]
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Sahani, N. A.,
Horn, J. F.,

• Extended the Dynamic Trim algorithm for torque

limiting in collective axis in helicopters.

Sahasrabudhe, V.

• Evaluated in non-real-time and real-time piloted

simulations using UH-60A Black Hawk simulation
model.

(Previous Work)

• Comprehensive limiting in collective axis that

included gearbox and engine temperature torque
limit, autorotation and one engine inoperative
recovery. (Also evaluated transient torque and
transient RPM limits using extended peak response
estimation algorithm). [29-32]
• Extended Peak Response Estimation algorithm for • Evaluated in non-real-time simulations using UH-

higher order linear models and multiple axis
constraints.

60A Black Hawk simulation model.
• Transient torque and RPM fluctuation limits.[2932]
• Coupled longitudinal and lateral axis hub moment

limit. [27,28,30]
Jeram, G. J. J.

• Developed Open Platform for Limit Protection

(OPLP). Used for integrating envelope limiting
and pilot cueing in aircraft control system.
• Developed a method for frequency distribution of

• Blade stall limit (ERITIS) in piloted simulations

using UH-60A simulation model. [7]
• Frequency distribution of constraints was

evaluated in piloted simulations using longitudinal

constraints between pilot cueing and autonomous

hub moment limiting approach developed in this

protection.

thesis. [34]
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Unnikrishnan, S.,
Prasad, J. V. R.

• Fixed time horizon prediction with adaptive

• Evaluated in non-real-time simulations for load

estimation to predict future response of limit

factor limit using Yamaha R-MAX UAV

parameter.

simulation model, and for flap angle limit using R-

• Generate safe response profile to prevent envelope

22 Maverick simulation model. [50,51]

violation. Applicable to UAVs.
Einthoven, P.

• Energy management approach for torque limiting. • Constraints on pitch angle in longitudinal axis
• Longitudinal hub moment limiting using lead

corresponding to torque limit. Evaluated in piloted

prediction and estimated sensitivity. Bank angle,

simulations using RAH-66 Comanche simulation

load factor and tail rotor effectiveness cueing using

model. [13]

estimated sensitivity.

• Constraints on longitudinal cyclic pitch angle for

longitudinal hub moment, lateral stick for bank
angle, longitudinal stick for load factor and tail
rotor pitch for tail rotor effectiveness. Evaluated
in piloted simulations using AH-64D Apache and
RAH-66 Comanche simulation models under
Helicopter Active Control Technology (HACT)
program. [18]
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Kothmann, B.

• Longitudinal hub moment limiting in model

• Longitudinal hub moment limit evaluated in flight

following controllers.

test for RAH-66 Comanche. [53]

• Fixed limit on pitch acceleration corresponding to

longitudinal hub moment limit.
• Constraints are in feedback path.

Schouwenaars, T.,
Feron, E.

• Mixed integer linear programming (MILP) for

• Fixed limits on forward velocity, acceleration and

trajectory planning in UAVs.

turn rate. Evaluated using a small-scale helicopter

• Integrate envelope protection as constraints in

simulation model for implementation in
autonomous UAV rotorcraft. [69,70]

MILP.
• Computationally intensive for dynamic limits.
Thesis Contributions

Sahani, N. A.

• Developed limit avoidance algorithm for transient • Evaluated for longitudinal hub moment limit in

limits.
• Algorithm uses non-linear response functions.
• Sensitivity based constraint calculation that is

accurate for all flight conditions.

real-time piloted simulations using UH-60A Black
Hawk simulation model.
• Evaluated benefits of implementing longitudinal

hub moment limit protection through performance
metrics.
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• Longitudinal hub moment limiting in model

following controllers.
• Dynamic limit on pitch angle command.
• Constraints outside feedback path.

• Evaluated in non-real-time piloted simulations for

longitudinal hub moment limit using UH-60A
simulation model.
• Constraints on pitch angle command.

• Coupled longitudinal and vertical axis torque limit • Torque limit constraints on descent velocity and

using dynamic trim and energy management

pitch angle command. Evaluated in real-time

methods.

piloted simulations using UH-60A simulation
model.

• Used Inner Loop – Outer Loop control structure

for trajectory tracking in UAVs.
• Generated outer loop constraints corresponding to

envelope constraints on inner loop command.
• Integrator windup was avoided.

• Torque limit with constraints on altitude and

forward velocity. Evaluated in non-real-time
simulations using UH-60A simulation model.

Chapter 2
Inceptor Constraints for Transient Limits

This chapter focuses on providing transient limit protection in Inceptor Constraint
Architecture. For transient limits, it is desired to limit the transient peak of the response.

A Peak Response Estimation Algorithm developed in Ref. 26 uses a linear model of fast
dynamics to predict the response of the limit parameter and an iterative scheme to
compute the control margin. The algorithm is limited to using linear model and can be
applied for the entire flight envelope using multiple linear models scheduled with flight
conditions. But, generating linear models from flight test data for each flight condition
requires significant time and efforts.

The response function used for the method

presented in this chapter can be easily obtained from flight test data through some simple
perturbations of the control input. Moreover, non-linearities due to large variations from
the trim position can be accounted in this approach. The stick constraint calculation
presented by the peak response estimation algorithm is ill-posed when the limit parameter
has exceeded the limit. The present approach provides a method that can generate
constraints at all flight conditions.

2.1 Limit Parameter Response Prediction

Aircraft states can be partitioned into slow states (xs) and fast states (xf) according
to settling time: fast states have small settling time and slow states have higher settling
time. In the quasi-steady-state response (or dynamic trim) the fast states are assumed to
reach equilibrium, and the slow states are varying in time. In the transient response, the
fast states can be represented by dynamical equations and the slow states can be assumed
to be unchanged. The peak response estimation algorithm in Ref. 26 uses a linear model
of fast dynamics to represent the transient response of the limit parameter to a step stick
input (Eq. A.9). In the present study, the peak response estimation algorithm has been
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modified so that the transient response of the fast dynamics need not be modeled strictly
using linear time invariant equations. Instead the response of the limit parameter to a step
input is represented by a series of functions as shown in the equation below.
n

y( x s , t ) = y0 ( x s ) +

∑

i =1

f i ( xs , t ) g i (Δ x f 0 ) + H( xs , t )Δ u

(2.1)

This approach has two advantages: 1) The dynamics need not necessarily be linear, but
the response is affine in controls. 2) The unknown function

f i and H can be readily

identified using time domain methods as discussed in following sections. In the above
equation, Δ u is a step input from trim position.
states and time.

f

i

and H are function of only slow

These functions are similar to the elements of C (e At − I ) and

CA −1 (e At − I ) B in Eq. A.9. If the functions g i are approximated using linear variation

( g i ( Δ x f 0 ) = Δ x if 0 ), then Eq. A.9 and Eq. 2.1 are equivalent. But in Eq. 2.1, the response
is not limited to using a linear model.

2.2 Estimation of Functions

The functions f i and H can be obtained from a simulation model by perturbing
one variable at a time. For example, perturbing the system such that g 1 ( Δ x f 0 ) ≠ 0 and
g i ( Δ x f 0 ) = 0 ∀ i = 2,..., n and then observing the variation of y with time, one can find

the function f 1 ( x s , t ) . H ( x s , t ) can be determined by perturbing the system through a
unit step input from trim condition and observing the response of y with time. This
approach of perturbing the initial conditions cannot be applied in flight tests. In this case,
following procedure can be adopted to obtain these functions by performing
predetermined maneuvers. One way is to perform the maneuvers in the following two
phases (refer to Figure 2-1 with specific application to hub moment limiting). In the first
phase, the aircraft starts from a trim position. The aircraft states are then perturbed
through an arbitrary control input. At the end of phase one and the beginning of phase
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two, the values of fast states, limit parameter and control input are recorded. The control
input is held constant throughout the phase two. Variation of the limit parameter with
time (ym(t)) is recorded in this phase. A number of such maneuvers can be performed by
varying the control input in phase one. The maneuvers should be performed such that
different combinations of fast states and control input are obtained at the end of phase
one. The functions

f

i

and H can be extracted from these data using a Least Square

Error Minimization. If n is the number of unknown functions f i , then it is necessary to
perform at least n+1 independent maneuvers in order to obtain functions f i and H using
this method.

But increasing the number of maneuvers improves the accuracy of

estimation.
In order to extract the functions f i and H, the terms in Eq. 2.1 can be rearranged
as,
y ( x s , t ) − y 0 ( x s ) = F ( x s , t ) T G ( Δ x f 0 , Δ u)

(2.2)

where

[

F ( xs , t ) = f 1 ( xs , t ) K

[

f n ( xs , t )

H( xs , t )

]

G ( Δ x f 0 , Δ u) = g 1 ( Δ x f 0 ) K g n ( Δ x f 0 ) Δ u

T

]

T

(2.3)

The vector G can be obtained for each of the maneuvers performed using the measured
values of state vector and control input. Using the variation of limit parameter with time,
the estimate for vector F can be obtained using the Least Square Error Minimization
Method as,

F$ ( x s , t ) = M 1−1 M 2 ( x s , t )

(2.4)

and
N

M1 =

∑G

M2 =

∑ [y

k =1

k

( Δ x f 0 , Δ u) G k ( Δ x f 0 , Δ u) T

N

k =1

mk

]

( x s , t ) − y 0 k ( x s ) Gk ( Δ x f 0 , Δ u)

(2.5)
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Here, N is the number of maneuvers performed.
The functions f i and H can be obtained for different values of slow states. Then
neural networks or table lookups can be used to interpolate the functions as a variation of
slow states.

2.3 Determination of Control Margin

The term associated with control input in Eq. 2.1 can be divided into two parts:
first due to the variation of current stick position from trim position and the second due to
the step input from current stick position,
y( x s , t ) = y0 ( x s ) +

[

n

∑

i =1

f i ( xs , t ) g i (Δ x f 0 )

]

[

+ H ( x s , t ) u0 − ue + H ( x s , t ) u − u0

(2.6)

]

This equation can be simplified as,

(

)

~
y ( x s , t ) = Q x s , x f , u0 , t + H ( x s , t ) Δ u

(2.7)

~
Here, Δ u is a stick input from current stick position. For the following analysis to
determine the control margin, the representation of Q and H are immaterial. They can be
represented using the analysis in the preceding section or can be represented using some
other method. In general, the response of the limit parameter can be written as,
~
y( t ) = Q( x , t ) + H ( x , t )Δ u

(2.8)

For simplicity in the following analysis, it is desirable to separate the control input term
and rewrite the equation as,
~
H ( x , t )Δ u = y( t ) − Q( x , t )

(2.9)

Upper and lower bounds on the term associated with control input can then be written as,

[

]

[

]

~
y( t ) − max Q( x , t ) ≤ H ( x , t )Δ u ≤ y( t ) − min Q( x , t )
t

t

(2.10)
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Critical Control margin is the maximum stick input the pilot can give such that the

response of the limit parameter stays within the limit.
~
Critical Control Margin = min Δ u

~
⇒ Upper Critical Control Margin = min( Δ u)
~
⇒ Lower Critical Control Margin = max( Δ u)

(2.11)

~
Note that Δ u is negative for the lower limit and therefore a maximum function was used
for the lower control margin in the equation above. If the right hand side of Eq. 2.9
remains constant with time then the critical control margin will occur when |H(x,t)| is
maximum.

Transient limits are exceeded in very near time response.

Hence it is

sufficient to consider only the initial positive variation of H(x,t). Also, a small response
time associated with transient limits gives the pilot a very small time window to respond
to the limit violation cues.

In these circumstances, it is desirable to provide a

conservative estimate of the control margin. Substituting the value for upper limit (ylim,u)
for the response in Eq. 2.10, a conservative estimate for upper control margin can be
obtained as,

[

]

y lim,u − max Q( x , t ) ~
~
t
Δu ≥
= Δ ulim,u
max H ( x , t )
t

[

]

(2.12)

Similarly, a conservative estimate for lower limit can be obtained as,

[

]

y lim,l − min Q( x , t ) ~
~
t
Δu ≤
= Δ ulim,l
max H ( x , t )
t

[

]

(2.13)

There are a number of important things to note in the above equations for
calculating the control margin:
1. Limit parameter sensitivity based approaches have been used in the past. In the
approach used in Ref. 18 for longitudinal hub moment limit avoidance, the
sensitivity of the limit parameter to control input was multiplied by the difference
between the limit and the predicted value. The sensitivity was calculated as a
change in the longitudinal hub moment due to a unit step input. A closer look at
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[

]

the equations 2.12 and 2.13 shows that the term 1 max H ( x , t ) acts as sensitivity.
t

But, the sensitivity term here corresponds to the peak hub moment due to a unit
step input.

Moreover, the sensitivity term here is multiplied by the closest

proximity of the future response to the limit if pilot makes no control input.
2. Equality in equation 2.12 (or equation 2.13) will occur when there exists time t
such that maximum of Q(x,t) (or minimum of Q(x,t)) and maximum of H(x,t)
occur at the same time. In this case, the estimation of control margin will be exact
rather than a conservative estimate.
3. The peak response estimation algorithm was suggested for the limits that exceed
during the transient response of the limit parameter [26]. The algorithm provides
an accurate estimation of control margin using a linear dynamical model of the
limit parameter response. But, the algorithm uses iterative method for control
margin estimation which might be computationally expensive to implement in
real-time. The control margin calculation in above equations scans through the
time only once and uses less computational time. Moreover, it is possible to

[

]

[

]

represent functions max H ( x , t ) , max Q( x , t )
t

t

[

]

and min Q( x , t )
t

as neural

networks which are only functions of state variables.
4. In emergency conditions, the pilot might decide to over-ride the limit. The
definition of control margin is not valid when the limit parameter has exceeded
the limit.

This is also a major drawback of the peak response estimation

algorithm as the algorithm is ill posed to handle this situation. The constraints
calculated in above equations provide the pilot with a relative estimate of how far
the limit parameter has exceeded the limit.
5. For the limits which are exceeded in the steady state response, the equation for
control margin calculation can be easily modified to compute the control margins
for these limits as,
y lim,u − Qss ( x ) ~
y lim,l − Qss ( x )
~
Δ ulim,u =
; Δ ulim,l =
H ss ( x )
H ss ( x )

(2.14)
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where the subscript ss refers to the values at steady state:

Qss ( x ) = Q( x , t → ∞ ) ; H ss ( x ) = H ( x , t → ∞ )

(2.15)

Above equations are similar to the dynamic trim estimation algorithm [24] for
steady state response critical limits where the sensitivity of the limit parameter is
multiplied by the difference between the limiting value and the steady state value
of the limit parameter.

2.4 Application to Hub Moment Limiting

Static load limits on the main rotor hub moment, also known as mast bending
limits, present a difficult challenge for the development of a carefree maneuver system.
Limits on the maximum main rotor hub moment can be approached during highly
aggressive maneuvers, when the CG is near operational limits or during ground
operations when the attitude of the aircraft is constrained. In flight, hub moment is a
highly dynamic parameter, and limits tend to be reached during the peak response
immediately after a large control input or control reversal. After the initial control input,
the magnitude of the hub moment tends to subside as the airframe responds to the applied
moment. Hub moment limits are most likely to be exceeded in the longitudinal axis
because of the higher moment of inertia and larger cyclic control range in the longitudinal
axis. Rotorcraft with hingeless and stiff rotor system are more prone to the violation of
hub moment limit. For example excessive hub moments were observed in the RAH-66
program [53], and were alleviated through modifications to the flight control laws. If
future aircraft included advanced cueing systems that provided reasonable assurance that
pilots could avoid excessive hub loads even in extreme maneuvers, structural designers
may be able to use less conservative load cases and thereby save weight.
In order to predict the future response of the longitudinal hub moment, the
dynamic system is modeled as a single input single output system (SISO) with
longitudinal stick position ( δ long ) as the control input. The off-axis control coupling

29
effects are negligible and can be ignored. The response of the longitudinal hub moment
can be represented using equation 2.1. The longitudinal hub moment is a function of
longitudinal flapping angle (β1c) and pitch rate (q). Although the algorithm can handle
non-linear terms, in order to simplify the analysis only linear dynamics were assumed in
the present work. The vector G in Eq. 2.3 can be represented as,

[

G ( Δ x f 0 , Δ u) = Δ β1c 0

Δ q0

Δ δ long

]

T

(2.16)

The forces and moments at the main rotor hub are functions of air velocity at the hub.
But the air velocity at the hub is not typically available for measurement in existing
rotorcraft. Instead, air velocities in the body reference frame can be used as they can be
measured or estimated using pitot tube and inertial sensors. The x-directional body
velocity (ub) was used as a slow state.
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Figure 2-1: Control input for function extraction.
The longitudinal hub moment limit avoidance system was evaluated using a nonlinear, blade element simulation model of the UH-60A helicopter (GENHEL) [55]. The
functions f 1 , f

2

and H were generated off-line using a non-real-time simulation model.

It was possible to generate the functions by perturbing the initial conditions in the nonreal-time simulation model. However, this approach can not be used in flight tests.
Therefore, a method feasible for flight test implementation was replicated using a
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simulation model. The data were generated by performing the maneuvers using control
inputs shown in Figure 2-1.

As described in the previous section, the aircraft was

perturbed from trim position using the control input in phase one and the control stick
was held constant in phase two. The vector G in equation 2.16 was recorded for each
maneuver at the end of phase one and the variation of longitudinal hub moment with time
was recorded in phase two. The estimation for functions f 1 , f

2

and H were obtained

from these data using equations 2.4 and 2.5. In order to obtain the variations of these
functions with slow states, the process was repeated for different trim conditions. The
forward velocity in level trim flight was varied from 60 knots of backward flight to 120
knots of forward flight through increments of 20 knots. The variation of these functions
at different velocities is shown in Figure 2-2. Since these functions are related to the
dynamics of the aircraft, the time variation of each function with slow states exhibits
similar shapes. This fact can also be observed in Figure 2-2. Because of their closely
spaced variation, interpolation methods like table lookups or neural networks can be used
to obtain these functions at intermediate velocities. In the present study, neural networks
are trained for interpolation using the x- directional body velocity as slow state.
A schematic implementation of the longitudinal hub moment algorithm is shown
in Figure 2-3. The trim values of fast states and control input were estimated using a first
order filter with time constant of 3 seconds. The values of functions f

i

and H were

computed from off-line trained neural network using x-directional body velocity as input.
Iteration was performed over the time duration of 1.5 seconds in order to obtain the
constraints on the stick described by equation 2.12 and 2.13.

31

H

f 1: ΔM /Δβ

1c

0

x103

−1
−2

f 2: ΔMH/Δq

−40kt
hover
40kt
80kt

−3
−4
0
4
x 10
2

0.5

1

1.5

0.5

1

1.5

1

1.5

0
−2
−4
−6
0

long

4

H

6

2

H: ΔM /Δδ

Level Flight Speed

x103

0
−2
0

0.5
Time (s)

Figure 2-2: Variation of functions with velocity.

Input from Aircraft Sensors Signal

+

g i (Δ x f 0 )
ylim,l , y lim,u

[

]

ylim,u − max Q( x , t )
~
t
Δ ulim,u =
max H ( x , t )
t

[

[

]

Q( x , t )

]

ylim,l − min Q( x, t )
~
t
Δ ulim,l =
max H ( x , t )
t

[

]

Neural net
for f i ( x s , t )

-

1
τs + 1

xf e
ub

x f : β1c , q

∑
t

H ( x, t )

Neural net
for H ( x s , t )

Increment in t

Longitudinal Hub Moment Limiting Algorithm
Output to Limit-Cue Arbitration and Tactile Cues
Figure 2-3: Schematic implementation of hub moment limit avoidance system.

1
τs + 1

+

δlong
MH

2.5 Development and Testing Environment

The Real-Time Interactive Prototype Technology Integration Development
Environment (RIPTIDE) [56] served as the development and testing tool. RIPTIDE
combines a control system executable with a helicopter math model, in this case
GENHEL [55], and renders the states as a pilot’s view with OpenGL PerformerTM.
GENHEL math model provides the vehicle dynamics for the UH-60A Black Hawk and
its control system, including its SCAS.
The limit protection algorithm was created as a Simulink® block diagram that
was auto-coded and compiled with Real-Time Workshop. It serves as a limit prediction
and avoidance cue module within the developing Open Platform for Limit Protection
(OPLP) which evolved from the design of reference [6]. This platform (See Figure 2-4)
structures limit protection mechanisms and distributes them across the control loop for
cognizant, reflexive, and autonomous limit protection.

For the testing of this hub

moment limit, the limit protection included only tactile and visual cues, that is, the
“Command Restraint Shaping” block in Figure 2-4 was effectively removed. The
GENHEL model effectively served as both the Flight Control System (FCS) and Aircraft
Dynamics blocks in the figure. RIPTIDE allows a choice of inceptors and three were
used. A Stirling Dynamics active sidestick model SA-S-2D-1 served as the longitudinal
and lateral cyclic and provided the active force-feedback cues for those axes.

A

Microsoft Precision 2 joystick provided passive collective control and CH Pro Pedals
provided passive anti-torque (yaw) control. The signals for these inceptors were mapped
to the four cockpit control inceptor axes of the GENHEL model.
The nominal force-feel system of the active sidestick used the following qualities:
Radius of motion:

25°

Stiffness:

1.2 N/°

Natural Frequency:

3.0 Hz

Damping coefficient:

0.7
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Figure 2-4: Open Platform for Limit Protection (OPLP).
Limit avoidance was performed using a softstop cue on the active control stick.
Pilot control stick is a mass-spring-damper system and to implement a softstop cue the
spring gradient is increase rapidly over a small change in stick travel.

Force

displacement relationship for a pilot control stick with softstop cue is presented in
Figure 2-5. As the pilot approaches the softstop, pilot feels the increase in opposing force
and restricts the stick travel. This type of cue is called a softstop because it provides a
stop on the pilot control input. But pilot can easily override it in emergencies with
sufficient force, as opposed to a hardstop which pilots can not override with any amount
of force. Hardstops usually represent the end of control stick travel.
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Figure 2-5: Force displacement relationship of pilot control stick with softstop cue.
The tactile avoidance cue in the present implementation took the form of a 30 N
softstop with a 1° length. This made it approximate a step-force softstop. Static flight
simulations took place at Georgia Tech with RIPTIDE running on a Dual Xeon™ 1.7
GHz workstation with an NVIDIA® Quadro4 64Mb graphics card. A pilot’s 53° field of
view was projected 1.7m before test subjects, who were seated with the cyclic active
sidestick placed at their right hand, the collective joystick at their left hand, and the
pedals at their feet. (See Figure 2-6) Evaluation maneuvers were performed by a rated
helicopter aviator familiar with tactile cueing and the Black Hawk.
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Figure 2-6: Manned simulation setup.
The GENHEL model was modified to increase the authority limits of the
longitudinal SAS (Stability Augmentation System) from 10% to 50%. The added SAS
authority was necessary for performing extremely aggressive maneuvers within the
limited cue environment of the simulator. This is not considered unrealistic since future
cueing systems will likely be employed on FBW aircraft with full authority AFCS.

2.6 Test Maneuvers

Performance of the longitudinal hub moment limit avoidance algorithm was
evaluated in real-time piloted simulations using predefined maneuver specifications.
Three ADS-33 maneuvers [8] were initially considered, but ultimately discarded for the
tests because they did not allow sufficiently aggressive maneuvering to test the limit
avoidance cues. Due to the lack of peripheral visual cues in the simulation environment,
the “Acceleration and Deceleration” maneuver and the “Deceleration to Dash” maneuver
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proved too difficult to the pilots to execute aggressively. The “Pullup/Pushover” was
feasible, but as executed to the ADS-33 standard, the aircraft did not reach the hub
moment limits. In order to better test the limit avoidance cues, two different maneuvers,
Attitude Capture and Swoop, were defined using the guidelines in ADS-33 specifications.

For both these maneuvers, collective stick position remains constant; allowing the pilot to
concentrate on the remaining three control axes.

Moreover, these maneuvers are

performed up-and-away, without a specific test course or the need for peripheral visual
displays.
The Attitude Capture maneuver (see Table 2-1) resembles a high speed doublet or
a Pullup/Pushover maneuver, but the emphasis of the maneuver is on abrupt pitch
changes and their associated limits rather than on the quasi-steady pullup or pushover.
The maneuver begins at level unaccelerated flight at the lesser of VH (maximum level
speed) or 120 knots (used for present evaluation). Using an abrupt aft cyclic command,
the pilot attains a maximum pitch rate in a symmetrical pullup to a 30 degree nose high
attitude and pauses briefly at this attitude. Then, with an abrupt forward cyclic, the pilot
transitions via a symmetrical pushover and maximum (downward) pitch rate to a -30
degree, nose down, attitude. After pausing briefly at this attitude, the pilot completes the
maneuver with an abrupt pull-up at maximum pitch rate to recover to level flight as
rapidly as possible. The maximum pitch rate is defined by the relevant limits of the
vehicle. The pause at the target nose high or nose low attitudes needed only to be long
enough to verify overall pitch controllability. They were not so long that they caused a
significant change in airspeed.
maneuver.

Collective pitch remains constant throughout the
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Table 2-1: Attitude capture performance specification

Start
+30°

-30°

Finish
0°
Desired

Adequate

Attain target pitch attitude, +30°

± 5°

± 10°

Max. pause at nose high attitude

0.5 sec

1.0 sec

Attain target pitch attitude, -30°

± 5°

± 10°

Max. pause at nose down attitude

0.5 sec

1.0 sec

Return to level flight attitude, 0°

± 5°

± 5°

Maintain angular deviations in roll and yaw within

10 °

15 °

9

9

VH (120kts)

±X degrees from the initial unaccelerated level
flight condition to completion of the maneuver
Collective pitch remains constant throughout the
maneuver

The Swoop maneuver (See Table 2-2) is a dynamic maneuver that tests pitch
related limits from hover through high speed forward flight. From out of ground effect
(OGE) hover, using an abrupt forward cyclic command, the pilot rapidly pitches to a 50
degree nose down attitude.

This attitude is held, allowing the diving aircraft to

accelerate, until the airspeed reaches 50 knots. Then, via a steady but rapid aft cyclic, the
pilot executes a symmetrical pull-up to a nose high +50 degree attitude. When the
decelerating aircraft reaches an appropriate airspeed, the pilot executes a rapid pitch
down to complete the maneuver at an OGE hover. The collective pitch setting (for OGE
power) remains fixed throughout the maneuver.
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Table 2-2: Swoop maneuver performance specification
Start
OGE
Hover

50°
50kts
Pull-up

50°

Finish
OGE
Hover

Desired

Adequate

± 5 kts

± 5 kts

± 5°

± 10°

Begin pull-up at target airspeed, 50 kts

± 5 kts

± 10 kts

Attain target pitch attitude, +50°

± 10°

± 15°

±10 kts

± 15 kt

± 10°

± 20°

9

9

Begin at OGE Hover
Attain target pitch attitude, -50°

Complete maneuver at OGE Hover
Maintain angular deviations in roll and yaw within
±X degrees from the initial unaccelerated level flight
condition to completion of the maneuver
Collective pitch remains constant throughout the
maneuver

2.7 Simulation Results

For purpose of the evaluation, the hub moment limit was set to 20,000 ft-lb. This
value does not represent the actual limit, but was selected in order to evaluate the
performance under a restrictive flight envelope.

Even so, the limit was not often

approached except for during extremely aggressive maneuvering. Thus, the evaluation
maneuvers were defined to be so aggressive that the pilot would often move the cyclic
control to the physical limits. Although such maneuvers might be considered unlikely,
the idea was to evaluate the performance under “worst-case” scenarios, since those are
the cases typically used for structural design.
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The Attitude Capture and Swoop maneuvers were executed many times, but it’s
instructive to illustrate the performance of the cue by comparing nearly identical
instances of the maneuvers with and without the tactile cue. Such a comparison of the
pitch attitude and total velocity variation with and without the tactile cue for the attitude
capture maneuver is shown in Figure 2-7. Attitude variations for both the maneuvers are
very closely spaced which allows good comparison to evaluate the effectiveness of
cueing. Moreover, maneuver time for both the maneuvers are almost identical. It implies
that the aircraft does not lose significant agility by restricting the hub moment to stay
within the limits. Longitudinal stick position and longitudinal hub moment variation for
these maneuvers are shown in Figure 2-8. Without cueing, the longitudinal hub moment
shows peaks reaching up to 30,000ft-lbs. But, with the cueing system engaged, the hub
moment stays within the limiting value of 20,000ft-lbs. The points where the pilot
encounters and follows the cue are circled in the figure. At these points, the hub moment
reaches its limit almost exactly, without violating it. Note that there is a slight violation
of hub moment just after 9 seconds in the maneuver. This is where the stick crosses the

Total Velocity, V (knots)

Pitch Angle, θ (deg)

lower softstop. Here the pilot has chosen to override the limit cue.
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Figure 2-7: Attitude capture maneuver response with and without cueing (I).
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Figure 2-8: Attitude capture maneuver response with and without cueing (II).
Similar results for the swoop maneuver comparison are shown in Figure 2-9 and
Figure 2-10. Pitch attitude and total velocity variation with and without cueing shown in
Figure 2-9 are almost identical. Maneuver time is also the same for both the maneuvers.
Stick position and hub moment variation are shown in Figure 2-10. Without cueing, the
peak hub moment exceeds 30,000 ft-lb, but with cueing the peak hub moment stays very
close to the limit of 20,000 ft-lbs. Again, the instances where the softstop cue guides the
pilot are indicated by the circles in the figure. During the time interval of 6-8 seconds
and 12-14 seconds, the stick input closely follows the upper and lower limit boundaries
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respectively. Without cueing, the stick input at these intervals shows sudden and large
movements. But, with cueing, the limit boundary appears to restrict the rate of the stick
motion. It also indicates that the transient limits like hub moment are closely related to
the rate of control stick input. This finding is in agreement with a similar finding of

Total Velocity, V (knots)

Pitch Angle, θ (deg)

reference [24].
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Figure 2-9: Swoop maneuver response with and without cueing (I).
The pilots who flew the maneuver noticed the presence of the softstop cues.
During the Attitude Capture maneuvers, the pilots felt that the cue “knocked” the
sidestick back just before the pilot reached full aft stick displacement for the pitch up or
full forward for the pitch down. The pilots did not consider the cue objectionable in such
instances. It seemed to anticipate their control actions. It was the nature of the maneuver
and the aircraft dynamics that the target attitude and the hub moment limit occurred at
nearly the same time. The cue was noticeably more intrusive (and least appreciated)
when the pilot overshot the target attitude, especially in the Swoop maneuver. In these
cases, both the forward and aft softstops sometimes came into play as the pilot tried to
stabilize the aircraft at the target attitude. The pilots felt ricocheted back and forth
between the cues and considered the experience borderline objectionable, almost like
interference. This phenomenon can be seen at 4.0 and 4.5 seconds in Figure 2-10. This
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occurred in several of the maneuvers, during aggressive maneuvering in high speed
forward flight. Typically, the forward and aft softstops were felt, at most, once each.
After the half second or so that the forward and aft softstops “knocked” the pilot, the
aircraft would reach the target attitude and the hub moment limit was no longer a factor.
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Figure 2-10: Swoop maneuver response with and without cueing (II).
A number of attitude capture and swoop maneuvers were performed in order to
evaluate the possible performance and safety benefits of the hub moment cueing system.
Safety was defined using an Integrated Hub Moment Limit Exceedance Factor
(IHMLEF). IHMLEF is a time integral of the part of actual hub moment exceeding the
hub moment limit,
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⎧⎪ M − M
H ,lim dt if M H ≥ M H ,lim
IHMLAF = ⎨ ∫ H
⎩⎪ 0 otherwise

(2.17)

Increase in IHMLEF will reduce the component life. Agility of the aircraft is measured
in terms of maneuver time. The maneuver time was defined as the difference between
the time when the pilot initiates the maneuver and the time when the response reaches
and stays within the specifications signifying the end of the maneuver. The maneuver
end specifications are defined in row 5 of Table 2-1 and Table 2-2 for attitude capture
and swoop maneuver respectively. Figure 2-11 and Figure 2-12 show the comparison of
IHMLEF with and without cueing for attitude capture and swoop maneuver. Average
maneuver time with and without cueing for attitude capture maneuver is 12 seconds,
implying the aircraft agility is not affected due to the cueing system. Average value for
IHMLEF without cueing is 8,100 ft-lb-s and with cueing is 1,500 ft-lb-s, which amounts
to 80% improvement. Average maneuver times with and without cueing for swoop
maneuvers are 18 and 16 seconds respectively. Average values of IHMLEF without and
with cueing are 12,100ft-lb-s and 1,800ft-lb-s, which amounts to about 85%
improvement. Absolute values of peak hub moment for attitude capture and swoop
maneuver are compared in Figure 2-13 and Figure 2-14. High values of absolute peak
hub moment will adversely affect the structural integrity of the rotor. Average values of
absolute peak hub moment for attitude and swoop maneuver without cueing are 32,000
and 34,500ft-lb respectively. For the same maneuvers, the values with cueing are 25,300
and 25,500 ft-lb respectively. It amounts to more than 20% reduction in absolute peak
hub moment. Overall, the hub moment limit avoidance system should increase the safety
and component life of the aircraft without adversely affecting the agility.
Above results are summarized in Figure 2-15. Aggressive maneuvers result in
smaller maneuver time, but significant limit violations. Though conservative maneuvers
were not performed in these evaluations, they invariably result in increased maneuver
time due to reduced performance. An envelope protection system provides minimum
maneuver time corresponding to the specified limit. The transient limits evaluated here
are generally proportional to aircraft acceleration (e.g. longitudinal hub moment is
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proportional to pitch acceleration – Refer Chapter 3, Figure 3-18). Envelope limiting of
transient limits results in constraints on aircraft acceleration commands. This results in
reduced limit violations, but increased maneuver time compared to aircraft performance
without envelope limiting. Therefore, the limit value (for the results presented here,
20,000 ft-lb) should be judiciously chosen to represent the aircraft structural limits.
Conservative estimates for the limit will restrict the aircraft performance.
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Figure 2-11: IHMLEF comparison for attitude capture maneuver.
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Figure 2-12: IHMLEF comparison for swoop maneuver.

W ith Cue

W ihtout Cue

Maneuver Tim e (s)

16
14
12
10
8
6
4
20000

25000

30000

35000

40000

Absolute Pe a k Hub Mom e nt (ft-lb)
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2.8 Distribution of Stick Constraints between Autonomous and Tactile Cues

Simulation results in previous section indicate that the algorithm was effective in
predicting the impending limit violations and calculating the limit boundary. But the
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pilot comments obtained during these evaluations indicated that the pure softstop cueing
was objectionable in very aggressive maneuvers. This is partly because of the nature of
transient limit which results in constraints that are varying rapidly. A human pilot cannot
react rapidly enough to these constraints which results in degraded performance and
occasional Pilot-Induced-Oscillations (PIOs) [54]. The method developed by Georgia
Tech. to address this issue was evaluated using limit prediction algorithms developed in
this thesis [34]. Here a low pass filter with the frequency of 10 rad/s was applied on the
constraints generated by the algorithm. This separates the frequency content of the
constraints into a low frequency and high frequency component. The low frequency
component was used to provide the softstop cue on pilot control stick and the high
frequency component was used for autonomous protection. The human pilot is too slow
to react to the high frequency content. Thus the technique does not take away any control
authority that the pilot would otherwise have.
This technique was evaluated for the swoop maneuver. Results for one of the 26
swoop maneuvers executed with this technique are shown in Figure 2-16 and Figure 217.

These figures can be compared with Figures 2-9 and 2-10 where the swoop

maneuver was evaluated without this technique. In Figure 2-10, the pilot control stick
was closely following the softstop during the pull-up stage of the maneuver between 6.5
to 7.5sec.

But during the same maneuver phase with the Frequency Distribution

Technique (Figure 2-17), pilot was able to move along the softstop very effectively for
more than 2 sec. And during this time, the hub moment stayed close to the specified
limit. The slight conservative response can be attributed to the finite stick distance over
which the stick force was increased to provide the softstop cue. Pilot tended to stay at the
first sign of increase in stick force which is slightly below the specified limit. This can
also be observed in Figure 2-17 where there is a slight difference between the stick
boundary and the motion of pilot control stick. Moreover, a small conservative response
is acceptable rather than overshooting the specified limit. Considering the transient (fast)
nature of the limit, following the limit for this long is a significant achievement.
Figure 2-16 shows that the pitch angle was continuously changing during this time
period. The algorithm was effective in calculating the limit boundary for this changing
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flight condition. Overall, the results indicate that not only the frequency distribution
technique was effective, but also that the algorithm was accurate in calculating the stick
constraint. And in unison, they are very effective in providing envelope protection for
hub moment limit.
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Figure 2-16: Pitch angle response for swoop maneuver with frequency distribution of
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Chapter 3
Model Following Controller with Envelope Limiting

This chapter focuses on integrating envelope protection system with a model
following controller using the Command Limiting Architecture. Ever demanding military
mission requirements and the necessity to meet ADS-33 Handling Qualities requirements
are driving the need for advanced flight control systems.

Rotorcraft usually have

unstable airframes and their dynamics shows significant non-linearity in maneuvering
flights. In addition, rotorcraft exhibit significant cross-coupling effects and also tend to
be more restricted by structural constraints. As a result, it is a major challenge to
consistently achieve desired handling qualities over the entire flight envelope.

The

design methods used on modern military rotorcraft such as the RAH-66 Comanche
helicopter and V-22 Osprey tilt-rotor have been shown to be effective. However, the cost
and time associated with refining the flight control laws is becoming substantial, and
there is still much room for improvement in achieving desirable handling qualities in the
extreme portions of the envelope. These modern flight control systems feature model
following controllers that use open loop aircraft dynamics model to generate control
inputs.

These controllers provide accurate tracking of aircraft states.

This chapter

evaluates application of an adaptive model inversion controller to a non-linear, blade
element simulation model of helicopter dynamics. The adaptive controller will alleviate
some of the burden associated with refining the control laws. This chapter also provides
a method for implementing envelope protection system for these high-bandwidth
controllers. Specifically, a torque and longitudinal hub moment limit protection system
are integrated with the adaptive controller. The envelope protection algorithms discussed
in this chapter are not restricted to using the adaptive controller and can as well be
applied to other model following controllers.
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3.1 Adaptive Model Inversion Controller

Dynamic model inversion is a popular feedback linearization method for
achieving consistent response characteristics [57]. It tracks the commanded accelerations
or angular rates by computing the required control time history using a known plant
model. The technique has been applied in flight for providing control augmentation in
high performance aircraft [58] and has been found to be effective for high angle of attack
fighter aircraft [59]. A major challenge of this technique is its sensitivity to modeling
error [60].

The method requires accurate representations of the response model

throughout the operational flight envelope. The development of an exhaustive schedule
of dynamic models then becomes a major driver in the cost and time associated with
flight control design. Obtaining these data from flight tests is expensive, and safety
concerns make it difficult to obtain models very close to the envelope limits. Simulation
models can be used, but accuracy is a major concern, especially for rotorcraft simulation
models which have known deficiencies. For this purpose, an adaptive neural network
based approach was proposed in Ref. 61-62. In this approach, one linear model is used
for model inversion control and an adaptive neural network is used to compensate the
error between linear model and actual response. The technique was used to provide
consistent handling qualities in tilt-rotors [63]. This technique will be used in the present
work to meet the handling qualities requirements in helicopters.
Initially, the controller was implemented for roll, pitch and yaw axis. It was
evaluated to ensure that the final aircraft response met the standards specified by ADS-33
requirements. This was necessary because of the inherent delays and the highly crosscoupled dynamics of rotorcraft.

A high bandwidth controller results in higher

accelerations and frequent limit violations. A longitudinal hub moment limiting system
was implemented and evaluated for this three axis controller. Later, the controller was
implemented for all the four (lateral, longitudinal, yaw and vertical) axes together. But, it
was quickly realized that adding altitude hold on vertical axis results in frequent torque
limit violations. For example, an aggressive pitch input results in forward tilting of the
thrust vector. To maintain the altitude requires large increase in thrust which results in
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torque limit violations. Therefore, the vertical axis was added along with the torque
limiting. Following sections provide details of the three axis controller and the last
section explains the modifications made to the controller to add vertical axis. The
envelope protection algorithms have been discussed in the section following that.
A schematic of the four axis controller is shown in Figure 3-1.
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Figure 3-1: Schematic implementation of adaptive model inversion controller.

3.1.1 Desired Response

To obtain the ADS-33D handling quality specification requirements, an Attitude
Command Attitude Hold (ACAH) response type was used for roll and pitch axes and Rate
Command Heading Hold (RCHH) response type was used for yaw axis. Roll and pitch

angles were specified as command inputs. A second order command filter was used to
compute the appropriate angular rates and angular accelerations.

φ&&c + 2ζ φ ω φ φ&c + ω φ2 (φc − φcmd ) = 0

θ&&c + 2ζ θ ωθ θ&c + ωθ2 (θ c − θ cmd ) = 0

(3.1)
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For the roll axis, a natural frequency of 3 rad/s and damping ratio of 0.7 was selected.
For pitch axis, a natural frequency of 2 rad/s and damping ratio of 0.7 was chosen. In
both cases, these values were selected in order to exceed the ADS-33 Level 1 bandwidth
requirements for combat rotorcraft.

For yaw axis, yaw rate was specified as the

command input. A first order command filter was selected for this axis.

τ r r&c + (rc − rcmd ) = 0

(3.2)

A time constant of 0.25s was selected in order to meet the ADS-33 Level 1 bandwidth
requirements in yaw.

3.1.2 Model Inversion Controller

A model inversion based controller was used to track the command inputs. A 28th
order linear model of the open loop dynamics of a UH-60A was obtained from the
GENHEL simulation model [55]. The model was linearized at 80 knots of forward
speed.

The full state open loop linear model was unstable, a common feature of

rotorcraft dynamics. This high order model was reduced to a simple third order model of
the angular rate dynamics with lateral, longitudinal and pedal inputs as control variables.
⎡ δ lat ⎤
⎡ p& ⎤
⎡ p⎤
⎢
⎥
⎢ ⎥
⎢ ⎥
⎢ q& ⎥ = [ A] ⎢ q ⎥ + [ B] ⎢ δ long ⎥
⎢δ ⎥
⎢⎣ r& ⎥⎦
⎢⎣ r ⎥⎦
⎣ ped ⎦

(3.3)

The desired acceleration vector (pseudo control) was defined using the command filter,
feedback control laws and adaptive neural network output as,

[

U = p& D

q& D

r&D

]

T

(3.4)

From this vector, the desired control inputs can be obtained through model inversion
technique as,
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⎡ δ lat ⎤
⎧ ⎡ p& D ⎤
⎡ p⎤ ⎫
⎢
⎥
⎪
⎥
⎢ ⎥⎪
−1 ⎢
⎢ δ lon ⎥ = [ B] ⎨ ⎢ q& D ⎥ − [ A] ⎢ q ⎥ ⎬
⎪ ⎢ r& ⎥
⎢δ ⎥
⎢⎣ r ⎥⎦ ⎪
⎩⎣ D ⎦
⎭
⎣ ped ⎦

(3.5)

It is critical that the inversion model is chosen to be minimum phase, i.e. the transfer
function does not have any zeros in the right half plane [64]. For non-minimum phase
models, the inversion controller results in right half plane poles and is therefore unstable.
For these models, an output redefinition approach discussed in Ref. 65 can be applied.
Here, it is assumed that the linear model is minimum phase and invertible. The adaptive
model inversion controller requires only one linear model, and for this application it is
relatively straight-forward to select a flight condition at which the linearized dynamics
are minimum phase and invertible.
Tracking error is the difference between the commanded input and the measured
response,

~
~
φ = φc − φ ; θ = θ c − θ ; r~ = rc − r

(3.6)

The tracking error was minimized by using a PD compensator for the ACAH response in
roll and pitch, and a PI compensator for the RCAH response in yaw. The desired
acceleration vector can then be computed as,
~
~&
⎡ φ&&D ⎤ ⎡ φ&&c ⎤ ⎡ K Pφ φ + K Dφ φ ⎤ ⎡ U adφ ⎤
⎢ && ⎥ ⎢ && ⎥ ⎢
⎥
~
~& ⎥ ⎢
⎢
⎥ − ⎢U adθ ⎥
θ
=
θ
+
K
θ
+
K
θ
Pθ
Dθ
⎢ D⎥ ⎢ c⎥
⎢⎣ r&D ⎥⎦ ⎢⎣ r&c ⎥⎦ ⎢ K Pr r~ + K Ir r~dt ⎥ ⎢⎣ 0 ⎥⎦
∫
⎢⎣
⎥⎦

(3.7)

where U adφ ,U adθ are the adaptive neural network contributions, which will be discussed
in the following section. The PD and PI compensator gains were chosen to specify the
error dynamics [61,63]. For the present work, the natural frequency and damping ratio of
the error dynamics were set to 3 rad/s and 0.7 for roll and 2.8 rad/s and 0.7 for pitch,
respectively. The yaw axis error dynamics were selected to achieve a natural frequency
of 4 rad/s and damping ratio of 0.7. Past studies suggested that gains should be selected
so that the error dynamics are much faster than the command filter dynamics [63].
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However, this resulted in very large feedback gains which generated large control inputs
reaching the control authority limits. Selecting large gains also resulted in sustained
rotor-body coupling oscillations – the so-called “air resonance” phenomenon. It was
found that selecting the error dynamics to be on the same order as the command filter
dynamics produces more reasonable results.
The desired acceleration vector in Eq. 3.7 is specified using Euler angles while
the inversion model in Eq. 3.5 requires angular rates. Following conversion equations
can be used for obtaining the desired acceleration vector:

θ&& sφ sθ + r&D sθ + ψ& θ& cφ + θ& φ& cφ sθ + ψ& φ& sθ sφ cθ
p& D = φ&&D − D
cφ cθ
θ&&D + r&D sφ + ψ& φ& cθ
q& D =
cφ

(3.8)

3.1.3 Adaptation Law

With changing flight conditions, the actual response of the aircraft can vary
significantly from the linear model used for inversion. An adaptive neural network
(ANN) approach suggested in Ref. 63 was used here to compensate for the variation.
The adaptive neural network update law was derived from Lyapunov Stability analysis.
The reader is referred to Ref. 62 for a detailed derivation; only the update law is
presented here.
The ANN approach uses a two layer sigma-pi neural network. State variables,
pseudo control and bias term are used as input variables. The update law is presented
here for roll axis and similar equations can be derived for pitch axis. The output of the
sigma-pi neural network, used in Eq. 3.7, can be written as,
U adφ = WφT β

(3.9)

where WφT is a neural network weight vector and β is a vector of basis functions derived
from inputs to the neural network.

The inputs to the neural network have been
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categorized into three categories. The basis vector can be derived from these input
vectors by means of a kronecker product:

(

β = kron kron(C1 , C2 ), C3

)

where

(3.10)

[

kron( x , y ) = x1 y1

x1 y 2 K xm ym

]

T

The first category covers the variation due to airspeed. This category captures the
variation of stability and control derivatives with airspeed.
C1: {01
. V V 2}

(3.11)

The second category consists of the state variables and pseudo-controls. It includes body
velocities, angular rates, and rotor flapping angles as state variables. This category
accounts for non-linear effects in states, higher order dynamics associated with rotor
flapping, and gain adjustments.

{

C2 : 01
. u v w

p q r φ θ

β1c

β1s U (1) U ( 2 ) U ( 3)

}

(3.12)

The third category is used to include higher order dynamics associated with large roll and
pitch angles,
C3 : {01
. φ θ}

(3.13)

The combination of second and third category effectively introduces square terms on roll
and pitch angle to cover nonlinearity at large angles.
The neural network weights are updated at each time step with the update law:
W&φ = − γ φ e φT Pφ b β − μφ e φT Pφ b Wφ

(3.14)

Here, γ φ > 0 is the learning rate of the neural network and μφ > 0 is known as the “emodification” term. Selection of a higher learning rate increases the speed at which the
network adapts, but high learning rates can make the neural network more sensitive to
unmodeled dynamics. For very high learning rates instabilities were observed. The emodification term improves robustness to unmodeled dynamics by adding damping and
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avoiding a pure integral effect in the weight update law. Typically, simulation testing is
used to find the proper choice of both the learning rate and e-modification term. The
error vector for the roll axis, e φT , is given by,

[

~ ~&
eφ = φ φ

[

]

]

T

(3.15)

T

The vector b = 0 1 and Pφ is obtained from the Lyapunov stability analysis. It is
given by,
⎡ K Dφ
1
+
⎢
K Pφ 2 K Dφ
Pφ = ⎢
⎢
1
⎢
2 K Pφ
⎢⎣

1
2 K Pφ
1 + K Pφ
2 K Pφ K Dφ

⎤
⎥
⎥
⎥
⎥
⎥⎦

(3.16)

3.1.4 Turn Coordination

The lateral control input commands roll attitude of the aircraft. In hover and at
low speeds (below 30 knots), the change in roll attitude translates into changes in lateral
velocities. In this mode of operation the pilot can control the heading independently
using the yaw axis input. However, at higher speeds, the lateral stick input is expected to
cause the aircraft to enter a coordinated turn, in which the aircraft heading changes at a
rate according to the magnitude of the roll angle and the true airspeed. For this flight
condition, the yaw axis feedback controller is used to regulate the lateral acceleration
(which is 0 in a coordinated turn) instead of the heading. The yaw axis control input can
then be used for a lateral acceleration command if the pilot wishes to perform an
uncoordinated turn with sideslip.

This mode can be realized without changing the

inversion controller. An outer loop feedback control is added to calculate the yaw rate
command in order to regulate the lateral acceleration as follows:

((

)

)

rcmd = K a y cmd − a y + w p + g sin φ cosθ u

(3.17)
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Lateral acceleration command for the yaw axis control input was implemented for
velocities above 60 knots, while the yaw rate command was preserved for velocities
below 30 knots. Between 30 and 60 knots, a smooth transition between the two modes
was achieved by linear interpolation of the two commands.

3.1.5 Performance Evaluation

3.1.5.1 Time Domain Response

The controller is evaluated using a non-linear simulation model of the UH-60A
Black Hawk (GENHEL). The controller is designed to replace the existing flight control
system. Therefore, the stability augmentation systems were turned off while evaluating
the controller discussed here.
In order to evaluate the tracking ability of a controller, a series of step commands
is an appropriate maneuver. Large magnitude inputs were used in order to evaluate the
performance of the controller in the presence of significant non-linear effects and large
variations in flight conditions.

Large magnitude inputs were also appropriate for

evaluating the hub moment limiting system (discussed in next section), since they would
be representative of the worst-case loads typically used in structural design.

The

objective of this section is to evaluate the tracking performance of the controller, so the
maneuvers were performed without the hub moment limiting system engaged. Theory
and evaluation for the hub moment limiting system is presented in a following section.
To evaluate the effect of adaptation on the controller response, the maneuvers
were performed in two steps. During the first cycle of the maneuver, all the adaptive
neural network weights were forced to remain at zero value, thereby removing the effect
of the neural network on the controller. This is also useful in evaluating the tracking
ability of the model inversion controller without adaptation. After the first cycle, the
adaptation was turned on, and the improvement due to adaptation was observed. The
controller evaluation results are presented in Figure 3-2 to Figure 3-13.
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Figure 3-2 evaluates roll angle command tracking at hover and low speed. A
series of ±40 degree step commands in roll angle was given at hover and a forward speed
of 30 knots. During the first cycle of the maneuver when the adaptation was off, the
actual roll angle response was different from the commanded input. After the adaptation
was turned on at 12 seconds, the roll angle response closely followed the commanded
input. Moreover, as the time progressed, the response became more accurate. This can
be attributed to increase in the accuracy of the neural network as the sample data for
training increases with advancing time.
The controller was designed to perform a coordinated turn for roll angle
commands at high speed. This feature was evaluated by performing a 180 degree turning
maneuver. The maneuver started with a trim speed of 80 knots and a step roll angle
command of 250 was given for approximately 27 seconds. The aircraft performed a
steady turn at approximately 6 deg/s. Aircraft response for this maneuver is shown in
Figure 3-3. The yaw rate command was calculated using Eq. 3.17 to keep the lateral
acceleration close to zero. The lateral acceleration is held constant at zero except during
the transients associated with step command input.
Roll angle command tracking at high velocities is evaluated in Figure 3-4. A ±40
degree step roll angle command was given at speeds of 80 and 120 knots. Since the
linear model used for the model inversion controller was linearized at 80 knots, better
tracking performance was obtained for these airspeeds as expected. In fact the tracking
was sufficiently good with the basic linear model that there was only minor improvement
when the adaptation was turned on. Surprisingly, the command tracking was better in the
120 knots case than in the 80 knots case, even though the inversion model was based on a
model linearized at 80 knots.

This can be explained by the fact that the airspeed

decreases through the course of the maneuver, and in the maneuver that started at 120
knots the airspeed approached closer to the design point of 80 knots over time.
Pitch angle command tracking evaluation for low and high velocities is shown in
Figure 3-5 and Figure 3-6 respectively. At low velocities, a series of ±25 degree step
commands in pitch angle was given. Figure 3-5 shows that the adaptation is shown to
improve the tracking performance at low speed where the pitch dynamics are
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significantly different than the dynamics at the design point of 80 knots. Figure 3-6
shows that good tracking performance was obtained even without adaptation for both the
design point (80 knots) and the off-design point (120 knots). The pitch dynamics at 120
knots are not substantially different from those at 80 knots.
Figure 3-7 shows the yaw rate command tracking at low velocities. The adaptive
neural network was not used for the yaw channel because good tracking performance was
obtained with the inversion model over a wide range of flight conditions. At high
velocities, a lateral acceleration command was specified. The desired yaw rate command
was computed from Eq. 3.17. The tracking performance for these velocities is shown in
Figure 3-8. These figures show desirable tracking performance for all velocities.
Sample weight variation for the adaptive neural network is shown in Figure 3-9 .
These weights were obtained for the response to a pitch angle command at hover shown
in Figure 3-5. The magnitude of the weights is irrelevant as the basis vectors were not
normalized, but their variation with time is more significant in evaluating the stability of
the adaptation law. All the weights were forced to remain at zero during the first cycle of
the maneuver to evaluate the effect of the adaptive neural network on the controller
response. The adaptation was turned on at 12 seconds. The initial weight value of zero is
incorrect for the flight condition and the weights update according to the adaptation law.
The weights reach a steady value after each control input. The figure also shows the
forward velocity, sideslip and descent velocities. Velocities are changing after each
control input and the weights are continuously adapting to the changing flight condition.
The forward velocity is steadily varying for each control input corresponding to a quasisteady variable, whereas the sideslip and descent velocity are continuously changing
throughout the maneuver. Similar trend can be observed in the weight variation where
some weights reach a steady state immediately after a control input, whereas some
weights are continuously adapting to the changing flight condition. At the end of the
maneuver, all weights reached a steady value.
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Figure 3-2: Roll angle command tracking at low velocities.

Figure 3-3: Coordinated turn at high velocity.
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Figure 3-4: Roll angle command tracking with coordinated turn at high velocities.
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Figure 3-5: Pitch angle command tracking at low velocities.
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Figure 3-7: Yaw rate command tracking at low velocities.
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Figure 3-9: Sample adaptive neural network weights for pitch command.

A high bandwidth controller results in higher accelerations and subsequently in
limit violations. Figure 3-10 shows longitudinal hub moment response to multiple pitch
angle commands at velocity of 80 knots. This maneuver is similar to one evaluate in
Figure 3-6, but with a slightly lower amplitude of 20 degrees in pitch angle command.
Throughout this study, the longitudinal hub moment limit was set to 20,000 ft-lb.
Figure 3-10 show that even for these moderate pitch angle commands, the longitudinal
hub moment response exceeds the specified limit. A longitudinal hub moment limiting
system has been developed in Section 3.2.1 to alleviate these large peaks in hub moment.
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Figure 3-10: Longitudinal hub moment violations due to pitch angle command.

3.1.5.2 Frequency Domain Response

Figure 3-11 to Figure 3-13 compare the close loop frequency response of the
aircraft with the corresponding command filter response. The aircraft response was
evaluated for three different flying conditions: 1. Controller design point of 80 knots
forward velocity, 2. off-design point evaluation at hover with adaptation, 3. off-design
point evaluation at hover without adaptation. Before the evaluation input, the aircraft
was perturbed using random inputs to allow the adaptive neural network weights to reach
a steady state. In order to generate the frequency response, a chirp input was applied on
the evaluation axis. The output was processed using CIFER to obtain the bode diagrams
for the input/output relationship [52]. These frequency response data were used to verify
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the compliance of the close loop aircraft with ADS-33 criteria (Table 3-1). The ADS-33
bandwidth in Table 3-1 corresponds to -1350 phase angle [8].
Figure 3-11 shows the roll angle frequency response to a roll angle command
input. The ADS-33 bandwidth obtained from the command filter was 5.5 rad/s. The
bandwidth obtained from the frequency response at controller design point was 4.6 rad/s,
which met the Level 1 requirement of 2.5 rad/s for the highly maneuverable task of target
acquisition and tracking. A reduction in the actual response bandwidth compared to the
command filter bandwidth occurred because of the inherent aircraft time delays.
Figure 3-12 shows the frequency response comparison for the pitch angle response. The
actual response bandwidth of 3 rad/s was above the desired bandwidth of 2 rad/s required
to meet the Level 1 requirements for the task of target acquisition and tracking. Figure 313 shows the yaw rate frequency comparison. The actual bandwidth of 4 rad/s met the

yaw angle bandwidth requirement (corresponding to the -450 frequency for yaw rate) of
3.5 rad/s.
Table 3-1 also lists the bandwidths for the off-design point hover flight. There
was no significant difference in the bandwidth variation for this flight condition
compared to the design point bandwidth.

Also, Figure 3-11 and Figure 3-13 show

improvement in phase angle with adaptation than without adaptation at hover. The
adaptation effectively provided integral action to cancel the low frequency errors.
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Figure 3-11: Roll angle frequency response comparison.
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Figure 3-12: Pitch angle frequency response comparison.
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Figure 3-13: Yaw rate frequency response comparison.

Table 3-1: Compliance with ADS-33 bandwidth requirements.
Axis

Command Filter

ADS-33 Bandwidth
ADS-33 Handling
V=80 Knots
V= hover
Qualities Criteriona
Adaptation
Level 1
Ideal Actual ON
OFF
Requirements
(rad/s) (rad/s) (rad/s) (rad/s)
(rad/s)
5.5
4.6
5
4.9
2.5
Roll 2nd order: ωn = 3 rad/s,
ζ = 0.707
3.5
3.3
3.3
2.8
2
Pitch 2nd order: ωn = 2 rad/s,
ζ = 0.707
Yaw 1st order: τ = 0.25s
4
4
4
4
3.5
a
Small amplitude, Low velocity, Task of target acquisition and tracking
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3.1.6 Vertical Controller

A vertical axis was added to the above three axis controller on roll, pitch and yaw.
For vertical axis, a Rate Command Height Hold (RCHH) response type was used with
descent velocity as command input. A first order command filter with 2s time constant
was used.

(

)

τ V V&D c + VD c − V&D cmd = 0
D

(3.18)

The linear model for inversion was modified to include roll, pitch, yaw rates and zdirectional body velocity (w) along with lateral, longitudinal, collective and pedal as
control inputs (Eq. 3.3). Acceleration along body z-axis ( w& D ) was added to the (pseudo
control vector (Eq. 3.4). PI error dynamics, similar to yaw axis, was added to Eq. 3.7 to
minimize tracking error.

[

~
V&D D = V&D c + K PVD VD +

∫K

IVD

]

~
VD dt + U adVD

(3.19)

The error dynamics used the frequency of 0.5 rad/s and damping ratio of 0.7. Following
conversion equation was used for obtaining desired acceleration vector in vertical axis,
w& D =

V&D D + uθ& cθ
cθ cφ

(3.20)

Descent velocity command tracking at hover and low speed of 30 knots is shown
in Figure 3-14. Adaptation was started after the first cycle at 100s. Without adaptation
response at hover resulted in larger overshoot. The response showed improvement with
adaptation.

For velocity of 30 knots, the command tracking was accurate with

adaptation. Figure 3-15 shows the descent velocity command tracking at 80 and 120
knots. The response was very accurate even without adaptation. Overall, adaptation
improved the tracking at off-design point flight condition of hover.
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Figure 3-14: Descent velocity command tracking at low velocity.
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Figure 3-15: Descent velocity command tracking at high velocity.
Adding altitude hold results in frequent violations of torque limit. Figure 3-16
shows torque and rotor speed response to multiple pitch angle commands at velocity of
60 knots. This maneuver is similar to one shown in Figure 3-6; but with fewer cycles,
smaller amplitude and with altitude hold in vertical axis.

When a pitch forward

command is initiated in longitudinal axis, it results in forward tilting of the thrust vector.
To maintain the altitude requires large increase in the thrust. This results in large torque
requirements that exceed the specified limit. Engine cannot provide sufficient torque
necessary to sustain this torque requirement which results in RPM droop. Large RPM
fluctuations of up to 20% can be observed in Figure 3-16. Therefore, the vertical axis
was integrated with the controller after implementing the torque limit protection system
developed in Section 3.2.2.
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Figure 3-16: Torque limit violations due to pitch angle command.

3.2 Envelope Limit Avoidance

The advantage of a command tracking controller is the direct control over the
aircraft response. This offers a novel way of structural load limit avoidance through
internal limits in the command filter. This section describes constraint calculation for
longitudinal hub moment and torque limit.
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3.2.1 Longitudinal Hub Moment Limit

3.2.1.1 Pitch Angle Constraints

The pitch axis equation of motion is shown in Eq. 3.21. Because of the high
moment of inertia associated with pitch axis, the effect of off-axis inertia terms can be
ignored.
M = I yy q& − ( I zz − I xx ) pr − I xz (r 2 − p 2 )

(3.21)

≈ I yy q&

A simplified form of the pitching moment generated due to rotor forces and aerodynamic
surfaces is given in Ref. 66. The forces and moments on a helicopter in the longitudinal
plane are shown in Figure 3-17. The longitudinal hub moment generated due to the
longitudinal flapping (β1c) is a primary contributor to the pitching moment. Note that the
hub moment considered in this work is the static longitudinal hub moment, i.e. one per
rev component of the longitudinal hub moment. It is not intended to include higher
harmonics associated with the vibratory loads. The main rotor thrust (T) and lift at
horizontal tail (Zht) also contribute a variable component depending on the C.G. position.
The aerodynamic forces at fuselage (Mf) also contribute to the pitching moment.

(

)

⎞
⎛N
M = − ⎜ b K β + hR T ⎟ β1c − ( x CG + hR γ S )T + lht Z ht + Z ht ,q q + M f
⎠
⎝ 2

(3.22)

At nonzero forward speed, change in pitch rate changes the angle of attack at the
horizontal tail. This changes the lift at the horizontal tail. The change in lift at the
horizontal tail due to a unit change in the pitch rate (Zht,q) can be written as,
Z ht ,q = −

⎛ ∂ C L ⎞ lht
1
⎟
ρ V 2 S ht ⎜
2
⎝ ∂ α ⎠ ht u

(3.23)

The static longitudinal hub moment can be represented using the longitudinal flapping
angle and the hub spring constant as,
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MH = −

Nb
K β = − Khub β1c
2 β 1c

(3.24)

Figure 3-17: Pitching moments at the aircraft centre of mass [66].
A simplified equation for thrust in the longitudinal plane can be represented by,
T ≈ − M a (&&
z − g cosθ cos φ ) = −

W
a
g z

(3.25)

z is the z-directional body acceleration. The variable az corresponds to normal
Here, &&

load factor, which and can be easily measured using inertial sensors. From Eq. 3.223.24, the pitching moment can be represented as,
M ≈ (1 − K1a z ) M H + K2 a z + K3 q + lht Z ht + M f
K1 =

− hRW
gKhub

K2 = ( x CG + hR γ S )

W
g

K3 = −

⎛ ∂ C L ⎞ lht2
1
⎟
ρ V 2 S ht ⎜
2
⎝ ∂ α ⎠ ht u

(3.26)

Aircraft states can be categorized into “slow states” and “fast states” according to
their response time to a disturbance or control input. Slow states require larger response
time to reach the steady state, e.g. body velocities. On the other hand, fast states reach
the steady state relatively quickly, e.g. angular rates. Dynamic trim is a flight condition
where fast states have reached the equilibrium and slow states are varying with time. In
this flight condition, the net pitching moment acting on the aircraft is zero.

The
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longitudinal hub moment at the fuselage and the lift at the horizontal tail have very small
contributions to the total hub moment in dynamic trim and can be considered to be
constant. Therefore, the pitching moment equation (Eq. 3.26) in the dynamic trim is,

0 = (1 − K1a z 0 ) M H 0 + K2 a z 0 + lht Z ht + M f

(3.27)

Here, the subscript zero represents the values at dynamic trim. Using this equation, the
pitching moment for any flight condition (Eq. 3.26) can be rewritten as,

I yy q& = (1 − K1a z ) M H − (1 − K1a z 0 ) M H 0 + K2 (a z − a z 0 ) + K3 q

(3.28)

In the implementation, the dynamic trim values were approximated using a first order lag
filter with a time constant of 0.5s. Using an off-line trained neural network is another
possible solution to represent these values.
Equation 3.28 above relates the pitch acceleration to the longitudinal hub
moment. Using the upper and lower limits on longitudinal hub moment, the limits on
pitch acceleration can be computed as
q& ulim =
q& llim

[

1
(1 − K1a z ) M H ulim − (1 − K1a z 0 ) M H 0 + K2 (a z − a z0 ) + K3q
I yy

[

1
=
(1 − K1a z ) M H llim − (1 − K1a z 0 ) M H 0 + K2 (a z − a z 0 ) + K3q
I yy

]

]

(3.29)

The pitch acceleration is related to the Euler angle derivatives by Eq. 3.8. By rearranging
the equation, the limits on pitch acceleration can be related to the 2nd derivative of the
pitch angle,

θ&&lim = q& lim cφ − r&D sφ − ψ& φ& cθ

(3.30)

The model inversion controller described in the previous section tracks the acceleration
commands generated by the command filter. Therefore, the pitch acceleration can be
limited by limiting the 2nd derivative of the pitch attitude command in the command
filter. The limits on the 2nd derivative can be converted to limits on the pitch angle
command by inverting the command filter dynamics,
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θ ulim = θ +

2ζ θ & θ&&ulim
θ+

ωθ

ωθ2

; θ llim = θ +

2ζ θ & θ&&llim
θ+

ωθ

ωθ2

(3.31)

A saturation function can be used for limit avoidance in the command filter with upper
and lower limits computed from the equation above. Because these constraints are
implemented on the input to the command filter, they only affect the feed-forward portion
of the controller, effectively filtering pilot commands so that hub moment limits are not
exceeded.

Stability problems associated with saturations in the feedback loop are

completely circumvented, greatly enhancing the robustness of this method. On the other
hand, the method may not be as effective in avoiding hub moment limit violations that
might occur due to feedback, for example due to a strong gust disturbance.

3.2.1.2 Simulation Evaluation

The longitudinal hub moment limiting system was evaluated using a series of step
command inputs on the pitch angle. The hub moment limit was set to 20,000 ft-lb. This
limit does not correspond to the structural limit of Black Hawk. Conservative limiting
was used here in order to evaluate the effectiveness of a structural load limiting system
that might be used to reduce structural weight on an aircraft. The aircraft response to the
pitch maneuver performed at 30 knots is shown in Figure 3-18. Without the limiting
system engaged, longitudinal hub moment significantly exceeded the limit. With the
limiting system engaged, the peak response of the longitudinal hub moment stayed very
close to the limiting value of 20,000 ft-lb. The figure also shows the resulting change in
the pitch angle response. The results show that only minor changes in the desired
response resulted in significant reduction in the hub moment load. The pitch response
was only slightly slower when the limiting system was engaged, but the magnitude of the
peak hub moment was reduced from about 35,000 ft-lb to the limit value of 20,000 ft-lb.
The longitudinal hub moment limiting effectively imposes a rate limit on the pitch angle
command. The rate limit would vary depending on the magnitude of the pitch axis input.
A similar maneuver performed at high velocities is shown in Figure 3-19. For this
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maneuver the longitudinal hub moment also stayed very close to the limiting value of
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Figure 3-18: Longitudinal hub moment limit avoidance at low velocity (V=30 knots).
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Figure 3-19: Longitudinal hub moment limit avoidance at high velocity (V=80 knots).

3.2.2 Torque Limit

Torque available is one of the critical limits in helicopters. Maximum torque in
normal operating conditions is limited by the continuous transmission torque limit.
Torque should not exceed this limit for an extended period of time, though it is often
allowed to be exceeded during transients. Exceeding this limit for a significant amount
of time reduces gearbox operational life and can potentially results in a failure. The
continuous torque limit is exceeded due to control inputs in both longitudinal and vertical
axis.
An energy based approach has been used in the past to generate constraints on
pitch angle command in longitudinal axis [13]. Previously developed dynamic trim
algorithm generated constraints in vertical axis corresponding to the torque limit [29,31].
In the past, these two algorithms have been evaluated separately, but never together.
Moreover, since both of them represents the same torque limit, approaching constraints in
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one axis results in maneuver restrictions in the other axis. Therefore a unified algorithm
is required to generate coupled constraints in both longitudinal and vertical axis. The
dynamic trim algorithm uses a neural network that is trained off-line using simulation or
flight test data. It provides accurate representation of aircraft power required, and hence
more accurate constraints than energy based algorithm. But the algorithm requires data
on dynamics (quasi-steady) trim values of the limit parameter to train the neural network.
With the longitudinal control input, the aircraft accelerates and is no more in dynamic
trim state. Therefore, this algorithm as such cannot be applied to longitudinal axis.
Following section presents an approach for generating coupled constraints in both
longitudinal and vertical axis.

3.2.2.1 Torque Response Prediction

In the energy limit approach, total aircraft energy can be represented as a
summation of potential energy, kinetic energy and work done due to aerodynamics forces
of lift and drag.

E = mgh +

1
mV 2 + Waero
2

(3.32)

Differentiating above equation gives power balance. Left hand side represents the power
available, which can be calculated as a multiplication of torque available and RPM,
P ≡ E& = Q Ω = mgh& + mVV& + Paero

(3.33)

Force balance at CG gives a simple relationship between forward acceleration and pitch
angle,
T θ -mgcosθ

T=-mg
-mgsinθ
≈-mgθ

x
z

mg

(3.34)
mg

⇒ V& = − gθ

Using these relations, torque requirement due to commanded input can be written as,

80
⎡ WVD cmd Paero ⎤ WVθ cmd
+
Qcmd = ⎢−
⎥−
Ω
Ω
Ω
⎣
⎦

(3.35)

Here, descent velocity ( VD ) is a negative of climb rate ( h& ).
Following the approach of dynamic trim algorithm, the steady state torque was
represented as a function of total velocity, lateral acceleration and weight as state
variables, and roll angle and descent velocity commands as control inputs. The required
data were generated using a non-real-time simulation model and an off-line trained neural
network was used for functional approximation.

QNNT = Q(V , a y ,W , φ cmd ,VD cmd )

(3.36)

To combine the energy limit and dynamic trim approaches, it can be noticed that
the quantity in the square bracket of Eq. 3.35 can be replaced by Eq. 3.36. This gives
following equation for the predicted torque,

Q pred = QNNT (V , a y ,W ,φ cmd ,VD cmd ) −

WV
θ cmd
Ω

(3.37)

There are always errors in the predicted response due to uncertainties and small
contributions from unaccounted state variables. Therefore, an adaptive scheme similar to
Ref. 31 was used for correcting the quasi-steady errors in prediction using measure
torque. The error between predicted and measured torque was passed through a first
order filter and then added to the prediction to give corrected torque. This torque was
compared with the torque limit to give the maximum permissible change in torque
without violating the torque limit (torque margin),
1
⎡
(Q pred − Qm )⎤⎥
ΔQlim = Qlim − ⎢Q pred −
τs + 1
⎣
⎦

(3.38)
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3.2.2.2 Longitudinal and Vertical Axis Constraint Calculation

Dividing the torque margin with torque sensitivity gives the maximum allowable
change in pitch angle and descent velocity commands (control margins).
Δθ lim =

ΔQlim
ΔQlim
; ΔVD lim =
∂Q / ∂θ
∂Q / ∂VD

(3.39)

For both longitudinal and vertical axis, the torque sensitivities ( ∂Q / ∂θ or ∂Q / ∂VD ) can
be computed using Eq. 3.35. For vertical axis, it can also be computed by perturbing the
neural network in Eq. 3.36.
∂Q
WV
≈−
∂θ
Ω
From Neural
∂Q
W
OR −
≈
∂VD Network Perturbation
Ω

(3.40)

These control margins were added to the input command to generate absolute constraints
on pitch angle and descent velocity. Schematic representation of this algorithm is shown
in Figure 3-20.

After implementation, it was observed that the coupled constraints

generated 2.5 rad/s oscillations with longitudinal axis command. Therefore, a phase lag

⎛ 0.15s + 1 ⎞
filter ⎜
⎟ was applied to longitudinal axis constraints to make them conservative
⎝ 1.5s + 1 ⎠
in near-time response.
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Figure 3-20: Schematic of descent velocity and pitch angle constraint calculation for
torque limit.

3.2.2.3 Real-time Simulation Evaluation

The four axes, fully coupled adaptive model inversion controller was
implemented in the in-house simulator facility at Penn State (Figure 3-21). The simulator
used multiple computing nodes and multiple displays. The nodes were connected using
local area network to form a ‘graphical cluster’. The facility uses the open source
FlightGear flight simulation code and the U.S. Army/NASA GENHEL flight dynamics
model. The inversion controller and the torque protection system were implemented to
generate appropriate control inputs for GENHEL. The built-in stability augmentation and
flight path stabilization systems in the simulation model were turned-off. The simulator
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used conventional lateral and longitudinal cyclic, collective and pedal control inceptors
similar to those in real helicopters. Envelope limiting was performed by automatically
limiting the pilot control input without any cueing or pilot intervention.

Figure 3-21: Simulator facility at Penn State.
Figure 3-22 shows the results obtained in real-time simulations for the maximum
rate of climb evaluation. Here, the helicopter starts from 500 ft and the objective is to
reach 1500ft as quickly as possible while maintaining a steady forward velocity. Pilot
was able to climb the 1000 ft distance in almost 30s with a climb rate of close to 35 ft/s.
And throughout the climb maneuver between 10s to 40s, pilot was able to maintain
forward velocity close to 30ft/s. Throughout the maneuver, the steady state torque stayed
close to the limit of 57032ft-lb [32]. This limit is a steady state limit and transient
violation of it is not a drawback of the algorithm. Transient torque limit is usually 40
percent higher than the steady state limit. Transient peak obtained for this maneuver is
20 percent higher than the steady state limit, which is well within the desired limit. For
larger violations, transient limit protection algorithms in Ref. 32 or the one developed in
Chapter 1 of this thesis can be applied to limit the peak.
Figure 3-23 shows the results for maximum attainable forward velocity at a given
altitude. Here pilot starts from an altitude of 3000ft and a forward velocity of 50ft/s.
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Pilot then commands full forward cyclic to attain maximum forward acceleration. As the
aircraft approaches close to the maximum velocity, it resulted in some loss of altitude
(near 25 sec). At this point, pilot needed to ease on the forward cyclic in order to
maintain the altitude. Pilot needs to depend on altitude indicator to maintain the altitude.
The aircraft was able to fly at a maximum airspeed of 280 ft/s while maintaining the
desired altitude. The torque response stayed close to the upper limit of 57032 ft-lb.
Between 70s and 110s pilot initiated a full collective input. As the aircraft was already
operating at maximum torque, it resulted in very small gain in altitude. At 120 seconds,
pilot initiated a full aft cyclic to decelerate as quickly as possible to attain the original
velocity of 50ft/s. Torque response stayed closed to the lower limit of zero. The lower
limit of zero torque is necessary to maintain a constant rotor RPM.

Figure 3-22: Maximum rate of climb evaluation in real-time simulation.
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Figure 3-23: Maximum forward velocity evaluation in real-time simulator.

3.3 Inner Loop – Outer Loop Controller for UAV Application

The controller implemented in the previous section utilizes aircraft states as
command inputs. For piloted rotorcraft, these states can be mapped onto pilot control
stick to provide superior handling qualities.

But, unmanned rotorcraft require path

planning and trajectory tracking. This can be achieved using an Inner Loop – Outer Loop
(ILOL) type controller structure shown in Figure 3-24. A number of researchers have
used this structure with various controllers [40,70,71]. The inner loop typically controls
angular motion and the outer loop is used to control position or velocity of the aircraft.
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Figure 3-24: Inner loop – outer loop controller structure.
The controller described in Section 3.1 (Figure 3-1) with roll angle, pitch angle,
yaw rate and descent velocity commands forms the inner loop in this control structure.
The outer loop provides trajectory tracking and generates inner loop commands using a
compensator on trajectory tracking error. For the present study, the outer loop commands
were selected as forward velocity, flight path angle, heading and altitude (Figure 3-25).
Command tracking was achieved using a PI compensator on trajectory tracking error. In
normal flight conditions, trajectory tracking is a desirable feature. But for aggressive
maneuvering, aircraft attitude (inner loop) commands are desirable.

Therefore, a

maneuver switch was employed to select the desire commands.
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Figure 3-25:
selection.

Trajectory tracking outer loop with maneuver switch for command

The following chapter describes a method for incorporating envelope constraints
generated in Section 3.2 in the inner loop – outer loop control structure.

Chapter 4
Outer Loop Constraints

UAV control laws in general use inner loop – outer loop control structure
described in Section 3.3. In order to implement envelope protection in this controller
structure, it is desirable to impose constraints on outer loop trajectory tracking command
that are outside the feedback loop for two main reasons: 1. Saturation constraints inside
the close loop feedback path act similar to actuator saturation limits and can cause
integrator windup in the presence of an integrating action in the control law.

2. Outer

loop constraints can be used by other routines such as trajectory generation to create an
obstacle free path without violating aircraft performance constraints.

This chapter

describes a method for integrating envelope protection system with inner loop/outer loop
type controller. This method avoids the integrator windup and results in smaller transient
peaks and smaller settling times.

The method was evaluated for torque limit with

coupled constraints in both vertical and longitudinal axis as described in previous
chapter.

4.1 Integrator Windup

Saturation non-linearity inside a closed loop feedback path can degrade
performance of the closed loop system due to the phenomenon known as integrator
windup. Figure 4-1 shows block diagram for a single-input, single-output (SISO) system
with saturation limits on the plant input (u). The integrator windup occurs when a step
change in input command (r) causes the controller output (u) to reach the saturation limit.
This causes sluggish plant response and reduces the system error (e) more slowly than the
case with no saturation limit. The integrator value becomes large which causes the
controller to saturate even after the plant output (y) reaches the input reference value (r).
This results in large overshoots and settling times.
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Figure 4-1: System with saturation nonlinearity in closed loop feedback path.

4.2 Previous Research

All flight control systems are limited by a number of saturation limits. A wellknown among them is the actuator authority limit. This limit plays an important role in
the flight control system design and places agility constraints on aircraft response. There
are other limits which are usually not accounted for in the flight control system design,
but are important to observe in order to avoid system failure or structural damage.
Incorporating these constraints inside the Automatic Flight Control System (AFCS) can
place saturation limits in the closed loop feedback path. This can generate undesired
response due to integrator windup.
A number of approaches have been developed in the past to avoid integrator
windup due to saturation constraints. A majority of the research is focused on antiwindup schemes for PID controllers [72].

Visioli has summarized most of these

approaches into two distinct categories: 1. conditional integration where the integrator
value is frozen when certain conditions are met, and 2. back-calculation where the
difference between controller output and actual process input is fed back to the integral
terms [73]. The conditional integration approach provides good performance for small
normalized time delay constant, but results in poor transient response for larger time
delays. The back-calculation approach uses an additional parameter to modify integrator
compensation and requires some parameter tuning.

Vrancic has evaluated some

guidelines for parameter tuning [74]. Visioli has proposed a combination of the two
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approaches to incorporate the benefit of both approaches. These approaches are still
limited to PID controllers.
Other approaches, which are commonly referred as software limits, incorporate
the saturation limits as a part of the controller design. In these techniques, the controller
response is modified such that the actuator authority or other saturation limits are not
violated. Horowitz has proposed an independent loop transmission approach where a
feedback loop was employed around the saturation nonlinearity (software limit) and a
different feed-forward compensator [75]. The feed-forward and feedback compensator
transfer functions are selected using nominal (without saturation) compensator. Hess has
extended the Horowitz design technique to multi-input, multi-output (MIMO) systems
[76] and to unstable plants [77]. Though this approach provides improved performance
in the presence of nonlinearity, it requires modifications to the controller design. Johnson
et al. have adopted a Pseudo Control Hedging approach to incorporate saturation limits
inside the reference model of a UAV control system design that used adaptive neural
networks to track the reference commands [78]. This method mainly focused on keeping
the adaptation from being affected by the saturation non-linearity.
Following sections describe the Outer Loop Constraints approach where
integrator windup is avoided by modifying the system reference input (r). Figure 4-2
shows the schematic of the present approach where constraints on input command (r) are
generated using controller transfer function such that the maximum controller output (u)
stays close to the saturation limit (ulim). For the scope of this work, the controller transfer
function is restricted to SISO system. The constraint calculation is straight-forward if the
controller (C(s)) that has a feed-forward gain. For controllers with strictly proper transfer
function, a feed-forward gain parameter is added to the controller transfer function for
performing constraint calculation, and a high pass filter is used to match the new transfer
function with the original controller in the low frequency range. Following section
explains the details of constraint calculation for both cases.
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Figure 4-2: System with constraints on outer loop command.

4.3 Controller with Feed-forward Gain

4.3.1 Outer Loop Constraints

Let’s first consider the case where the SISO controller (C(s)) shown in Figure 4-1
has a non-zero feed-forward gain. The controller dynamics represented in the state space
form is,

x& = Ax + be

u = cx + de

e=r−y

d ≠0

(4.1)

d ≠0

(4.2)

The controller transfer function is,
U ( s)
≡ C ( s ) = c( sI − A) −1 b + d
E (s)

;

Let the limit on the controller output be ulim , then the limit on controller input e is,
elim = d −1 (ulim − cx )

(4.3)

Then, the limit on the system input r is,
rlim = elim + y
Schematic implementation for this system is shown in Figure 4-3.

(4.4)
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Figure 4-3: Schematic implementation of outer loop constraint calculation for system
with feed-forward gain.

4.3.2 Outer Loop Constraints Vs. Saturation Limits in Closed Loop
Feedback Path

The above Outer Loop Constraint method was evaluated for a nonlinear
helicopter simulation model (GENHEL) using the inner loop – outer loop controller and
torque limit constraints described in previous chapter.

The torque limit algorithm

generated constraints on the inner loop command of descent velocity in vertical axis and
pitch angle in longitudinal axis (Section 3.2.2). When these constraints are implemented
“as it is” in the inner loop – outer loop controller structure, the simplified system looks
like Figure 4-1 with saturation limits in closed loop feedback path.

For vertical

(longitudinal) axis, u is descent velocity (pitch angle) and r is altitude (forward velocity).
G(s) is the transfer function from the inner loop command to the aircraft response and
includes command filter, adaptive model inversion controller and aircraft dynamics. The
controller C(s) is a PI compensator. When the saturation constraints are converted to the
constraints on outer loop command using the method described in earlier section, the
simplified system looks like Figure 4-2. The dashed saturation block on u implies that
those saturation constraints are indirectly imposed by the modified control input r. That
saturation block can be removed without affecting the system response. Figure 4-4 and
Figure 4-5 evaluate the aircraft response for these two systems for longitudinal and
vertical axis torque limit respectively. In these figures, the solid lines show the aircraft

92
response to first system with saturation limits in closed loop feedback path. The dashed
lines show the aircraft response for the second system with constraints on outer loop
command. With saturation limits in closed loop feedback path, the overall system results
in large transient peaks and higher settling times due to integrator windup. This can be
avoided using outer loop constraints method which shows smaller transient peaks and
small settling times.

For forward velocity command (Figure 4-4), the outer loop

constraints approach resulted in 61% improvement in the transient peak and 28%
improvement in the settling time (response within 5% of final value). For altitude
command (Figure 4-5), the transient peak was almost suppressed. The results show
100% improvement in transient peak and 37% improvement in settling time.
Though the system here was evaluated using PI controllers, the method is
applicable to higher order controllers with non-zero feed-forward gains.
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Figure 4-4: System response for longitudinal axis constraints.

93
1000

Altitude, ft

800
600

h Command; VD Limit

400

h Command; h Limit

200
0
−200
0

20

40

60

80

100

120

20

40

60
Time, s

80

100

120

Descent Velocity, ft/s

40
20
0

−20
−40
−60
0

Figure 4-5: System response for vertical axis constraints.

4.3.3 Torque Limit Evaluation (Coupled Longitudinal and Vertical Axis
Constraints)

Above outer loop constraint method was used to evaluate the torque limit
discusses in previous chapter. The algorithm was evaluated for altitude, descent velocity
and roll angle commands. All the maneuvers were performed from the trim speed of 80
knots.
Figure 4-6 shows the aircraft response and constraints to an altitude command of
1000 ft. When the aircraft is climbing at maximum rate of climb, there is not enough
power available to accelerate. Therefore, as the altitude command reaches the altitude
constraint, the forward velocity constraint approaches the forward velocity response. The
constraints were very accurate and it did not result in any loss in airspeed. It should be
noted that the algorithm was designed to only limit the steady state response violation and
therefore transient violation of the limit is not considered a drawback of this algorithm.
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Other algorithms like those given in Ref. 29 or 33 can be used to limit the transient peak,
but those were not considered as a part of this study.
Figure 4-7 shows the aircraft response to a forward velocity command of 80 ft/s.
As forward velocity command approaches its constraint, the altitude constraint reaches
the altitude response. This resulted in some reduction in altitude. Reduction in altitude is
inevitable for this maneuver because it required forward tilting of the thrust vector. The
altitude loss was recovered once the maneuver was complete. Throughout the maneuver,
the steady state torque stayed close to the specified limit.

Figure 4-6: Vertical axis command with constraints in both longitudinal and vertical
axes.
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Figure 4-7: Longitudinal axis command with constraints in both longitudinal and vertical
axis.
Figure 4-8 shows aircraft response with simultaneous commands in both
longitudinal and vertical axis. Both the commands were initiated at the same time instant,
but the response resulted in giving preference to forward velocity command. Initially,
there is some loss in the altitude as the aircraft accelerates. Once the torque requirement
for forward speed eases out, the aircraft starts gaining the altitude. Throughout the
maneuver, the torque response stayed close to the specified limit. For this maneuver in
piloted rotorcraft with active control stick in both axes, pilot will feel the maneuver
constraints in both axes. To push the control stick against constraints in one axis, the
pilot needs to relax the control input in other axis. Therefore in piloted rotorcraft,
prioritizing one input over other should be strictly pilot’s decision. For UAVs this task
needs to be performed by an arbitrator which will select which input to give priority
depending on flight condition, terrain avoidance etc. Therefore, prioritizing one control
input over other was not considered in this study.
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Figure 4-8: Simultaneous commands on both longitudinal and vertical axes with
constraints in both longitudinal and vertical axes.
Figure 4-9 evaluates the torque limit constraints for an off-axis command. It
shows aircraft response to a steady turn with an attitude command in roll axis. The
maneuver was performed at a relatively high speed of 160 knots.

For this flight

condition, the aircraft is already operating near the torque limit, and it can not perform a
level turn at the speed within the torque limits. Thus, initiation of steady turn resulted in
some reduction in altitude and airspeed. But the loss was recovered once the turn was
complete. During the maneuver, the steady state torque stayed close to the envelope
limit.
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Figure 4-9: Evaluation for steady turn at high velocity.
constraints in both longitudinal and vertical axes.

Off-axis command with

4.4 Controller without Feed-forward Gain

4.4.1 Outer Loop Constraints

If the controller has zero feed-forward gain, then Eq. 4.3 can not be applied to
find the limit on system input r because it requires inverse of the feed-forward gain. Let
the controller dynamics for this case is represented as,
x& = Ax + be

u = cx

e=r−y

(4.5)
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with the controller transfer function,
U (s)
≡ C ( s ) = c( sI − A) −1 b
E (s)

(4.6)

In order to implement the same procedure as the previous case, a new transfer
function ( C (s) ) is defined with following conditions,
1. The transfer function C (s ) has the same low frequency response as the controller
transfer function C(s).
2. C (s) has a non-zero feed-forward gain d at high frequencies.
These conditions can be achieved by adding a high pass compensator to the
original controller transfer function. The new transfer function C (s ) can then be written
as,
C ( s) = c( sI − A) −1 b + d

s
s +ω

(4.7)

The frequency ω is specified to meet the above stated condition 1 where the low
frequency response of C (s) matches closely with the low frequency response of
controller transfer function C(s). The high frequency gain d is specified to obtain the
desired feed-forward gain. The new transfer function C (s ) can now be simplified as,

ω ⎫
⎧
C ( s ) = ⎨c( sI − A) −1 b − d
⎬+d
s +ω ⎭
⎩

(4.8)

In the above equation, the expression in curly brackets in a strictly proper transfer
function and transfer function for C (s ) has a non-zero feed-forward gain,
Now applying the same procedure as Case I to this new transfer function C (s )
instead of the original controller transfer function C(s), the limit on controller input e
corresponding to the limit on the controller output (ulim) can be written as,
⎛
⎧
ω ⎤⎫⎞
⎡
elim = d −1 ⎜⎜ u lim − ⎨cx − L−1 ⎢d
⎬⎟
⎣ s + ω ⎥⎦ ⎭ ⎟⎠
⎩
⎝

(4.9)
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The corresponding limit on the system input r can be found from Eq. 4.4.
Schematic implementation for this system is shown in Figure 4-10.

rlim
r

+

e

u

c( sI − A) −1 b

G (s )

y

d

+

+

ω
s+ω

+

-

d−1

+ u
lim

Figure 4-10: Schematic implementation of outer loop constraint calculation for system
without feed-forward gain.

4.4.2 Linear Model Simulation Results

The controllers without a feed-forward gain are not as common as the ones with
feed-forward gain, because of the difficulties involved in their design. For the same
reason, above method was not tested in non-real-time simulation, but was evaluated using
a linear model of longitudinal helicopter dynamics [77]. The model was linearized at
level trim speed of 60 knots [79]. The states are x- and z- directional body velocities,
pitch rate, pitch angle and altitude:
x& H (t ) = AH xH (t ) + BH u H (t )

xH = [u w q θ

[

yH = θ

where,

u h h&

h]

T

]

T

;
;

y H (t ) = C H xH (t )

u H = [δ lon

δ col ]T

(4.10)
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⎡ − 0.0338 0.0311
⎢− 0.0564 − 0.7886
⎢
AH = ⎢ 0.0179
0.0129
⎢
0
0
⎢
⎢⎣
0
− 1.0
0.2462 ⎤
⎡ 0.5806
⎢ 1.483
− 17.798⎥⎥
⎢
BH = ⎢− 0.8220 0.8031 ⎥ C H
⎥
⎢
0
0 ⎥
⎢
⎢⎣
0
0 ⎥⎦

− 32.17
1.044
101.45 − 0.331
− 3.6151
0
1.0
0
0
101.45
⎡0 0
⎢1 0
=⎢
⎢0 0
⎢
⎣0 − 1

0⎤
0⎥⎥
0⎥
⎥
0⎥
0⎥⎦

0
1
0
0
0
0
0 − 101.45

(4.11)
0⎤
0⎥⎥
1⎥
⎥
0⎦

The control system is shown in Figure 4-11 and consists of airspeed and altitude
hold.

θ lim

-
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gh

gθ

+

h&lim

hc +

-

θc

h&c

-

+

g h&

δ lon

δ col

-
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L
E

θ
u
h&

h

Figure 4-11: Rotorcraft longitudinal flight control system [77].
The compensator transfer functions are provided in Ref. 77. The inner loop
compensators are,
gθ =

− 11145(0.45) 2 (3)
(0) 2 (50) 2

;

g h& =

where (α ) = ( s + α ) . The outer loop compensators are,

19.91(0.45)
(0)(50)

(4.12)
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gu =

− 0.621(0.1) 2
(0) 2 (20)

gh =

;

20(0.1)
(0)(20)

(4.13)

Note that the outer loop compensators do not have feed-forward gain.

A

saturation constraint of ±0.15 rad. (8.59 deg.) was imposed on pitch angle. The system
was evaluated using a forward velocity doublet command of 20 ft/s. Simulation result for
this system with saturation limits in feedback path is shown in Figure 4-12. The outer
loop constraint calculation was evaluated for following two cases:
Case I: Zero feed-forward gain. Use method in Section above.

The compensator transfer functions were not altered. The outer loop constraints
were implemented using new transfer functions generated according to Eq. 4.7.
gu =

− 0.621(0.1) 2
s
− 0.621
2
s + 100
(0) (20)

gh =

;

20(0.1)
s
+ 0.2
(0)(20)
s + 100

(4.14)

Results are shown in Figure 4-13.
Case II: Add feed-forward gain to the compensator. Use method in Section 4.3.1.

For this case, the compensator transfer functions were altered to obtain non-zero
feed-forward gain. Following transfer functions were used for the analysis:
− 0.621(0.1) 2
~
gu =
- 0.00621
(0) 2 (20)

;

20(0.1)
g~h =
+ 0.2
(0)(20)

(4.15)

Results for this system are shown in Figure 4-14.
The system with saturation limits in feedback path (Figure 4-12) results in almost
80% overshoot and a large settling time of 35 sec. Simulation result for Case I (Figure 413) shows that the system was effective in limiting the pitch angle close to the specified

limit of 0.15 rad. The command itself slightly overshoots the specified limit which
results in small response overshoots. This occurs because the compensator has zero feedforward gain, but the constraints are calculated considering a small feed-forward gain. In
spite of that, overshoot in forward velocity is within 15% and settling time is 5 sec. This
provides significant improvement in response compared to saturation limits in feedback
path. Figure 4-14 shows the result for Case II where compensator transfer functions were

102
altered. It results in command staying at the specified limit and response staying close to
the limit. The maximum overshoot was 12.5% and the settling time was 5 sec. Though
slight improvement is obtained for this case, it is important to note that it may not always
be feasible to change the compensator transfer functions in practical implementations.

Figure 4-12: Velocity doublet response with saturation constraints in feedback path.
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Figure 4-13: Velocity doublet response for Case I.

Figure 4-14: Velocity doublet response for Case II.
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As a final note, the procedures described in this Chapter can be applied in
cascading fashion to move the saturation limits outside of 2, 3 or more feedback loops.
This way, the saturation limits can always be moved outside the outermost loop as far as
all the compensators in the path are represented using linear transfer function.

Chapter 5
Conclusions

This research is focused on implementing envelope protection system in Inceptor
Constraint (Figure 1-1) and Command Limiting Architectures (Figure 1-2).

5.1 Inceptor Constraints for Transient Limits

For Inceptor Constraint Architecture, which is applicable to existing rotorcraft
flight control systems, the focus is restricted to the limits which exceed during transient
response. Specific conclusions for this study (Chapter 2) are:
•

The method used for predicting the future response uses functions of slow and fast
states and time. The prediction functions are not limited to using a linear model. The
functions can be easily obtained from non-real-time simulation model using
perturbation methods, or they can be obtained from flight test data by performing
predetermined maneuvers.

The functions can be obtained for different trim

conditions and neural network can be used for interpolation.
•

A conservative method for constraint calculation suggested in the present work is
analogous to the sensitivity method based approaches used in the past. Here, the
constraints are calculated by multiplying the sensitivity and the closest proximity of
the future response to the limit if pilot does not change the control input. The
sensitivity in the present work is defined as the transient peak of the limit parameter
to a unit step input, as opposed to the change in the limit parameter due to a unit step
input used in previous approaches.

•

The constraint calculation generates a unique constraint depending on the current
flight condition. The constraint is calculated even if the limit parameter has exceeded
the limit. Inability to compute a constraint for this flight condition has been a
drawback of some algorithms in the past.
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•

The algorithm was evaluated in real-time piloted simulations for hub moment limit
avoidance using an active control stick. The evaluation was performed for attitude
capture and swoop maneuvers. Specifications for these maneuvers were defined
using guidelines in ADS-33.

The maneuvers were flown aggressively, sometimes

resulting in the controls moving to their physical limits. Results showed that the
algorithm was effective in predicting and avoiding the hub moment limit violations.
•

The system does not inordinately restrict the agility of the aircraft. A number of
attitude capture and swoop maneuvers were flown very aggressively in order to
evaluate the hub moment limit protection system. Average maneuver time for the
Attitude Capture maneuver with limit cueing was identical to the time required
without it. The maneuver time for the more dynamic Swoop was slightly (12%)
longer with the cue. In the maneuvers with limit cueing, the integrated hub moment
violation was cut to a fifth or less of those without the cues. The reduction in limit
violations means less fatigue wear to the structural components and may lead to
increased component life. Also, the absolute peak hub moment was reduced which
may reduced the risk of catastrophic structural failure.

•

Pilot comments indicated that the softstop cues were in some cases objectionable.
Particularly during very aggressive maneuvers when both the forward and aft limits
were active in a short period of time.

The frequency distribution of constraint

between softstop cue and autonomous constraints was found to be effective in this
scenario. Pilot was able to react with the low frequency component of the constraints
more efficiently. This allowed the pilot to follow along the limit very closely for
larger time durations which is significant considering the transient nature of the limit
parameter.
•

The overall system with the limit prediction algorithm and the frequency distribution
of constraints provides a very effective method to avoid transient limit violations.
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5.2 Command Limiting Architecture

The Command Limiting Architecture is applicable to modern rotorcraft flight
control systems which provide accurate tracking of aircraft states.

5.2.1 Adaptive Model Inversion Controller

In order to implement and test envelope limiting in this architecture, an adaptive
model inversion controller was applied to a non-linear helicopter simulation model
(Chapter 3).

The controller was used to achieve ADS-33D handling qualities

requirements. Specific conclusions drawn from the implementation of the controller are:
•

A model inversion controller was designed using a linear model at a single design
point (80 knots). As expected it was found that the controller had poor tracking
performance in roll and pitch at some off-design points (particularly hover / low
speed). The adaptive neural network improved the tracking performance without
having to identify multiple linear models.

•

In some flight conditions, it was found that the basic model inversion controller
performed quite well in the pitch and roll axes without adaptation.

•

It was found that selecting the error dynamics for the inversion controller to be of the
same order as that of the command filter makes the overall system less prone to
coupling with high frequency rotor modes.

•

Consistent tracking performance was obtained for yaw rate command at all velocities
without using an adaptive neural network. For the aircraft model used in this study,
the added complexity of an ANN would not produce significant performance increase
in the yaw axis.

•

The adaptive neural network compensated for inversion errors as well as nonlinearities due to large control inputs.

An airspeed scheduled model inversion

controller for this application may account for the first part, but the linear model can
not account for the latter part.
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•

The controller incorporated a coordinated turn feature at high velocities by computing
the yaw rate command to keep the lateral acceleration zero. This proved to be an
effective approach without requiring a complete reconfiguration of the yaw axis
controller between low and high speed flight.

•

The closed-loop frequency response of the aircraft met the Level 1 handling qualities
requirements for the task of target acquisition and tracking. The actual aircraft
bandwidth was smaller than the ideal command filter bandwidth because of the
inherent time delays. This factor was accounted for in selection of the command
filter response by selecting the command filter bandwidth to be little higher than the
required specifications.

•

High bandwidth controller results in higher accelerations and consequently higher
structural loads. Even moderate pitch angle commands resulted in response peaks
that violated the hub moment limit.

•

Implementing altitude hold in the controller results in frequent violations of torque
limit for moderate pitch angle commands. This is due to the forward tilting of the
thrust vector with pitch angle command which requires large increase in thrust to
maintain the altitude. It results in torque requirement that exceeds the specified limit,
which in turn results in RPM droop.

Therefore, torque limiting needs to be

incorporated in the controller featuring altitude hold.

5.2.2 Longitudinal Hub Moment Limit

A hub moment limit protection system was implemented by taking advantage of
the ability of the controller to accurately track attitude commands (Chapter 3).
Conclusions drawn for this study are:
•

A longitudinal hub moment limiting system was implemented by constraining the
pitch angle command in the command filter. The approach does not affect the
feedback path of the controller, and therefore stability of the closed-loop system is not
affected by the load limiting.
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•

Evaluation for the longitudinal hub moment limit avoidance was performed at low
and high velocities. Transient peak of the longitudinal hub moment approached but
did not significantly exceed the limiting value. The hub moment limiting resulted in
minor changes in the pitch response of the aircraft for large magnitude inputs. The
system was effective in avoiding the longitudinal hub moment limit without imposing
conservative restrictions on the aircraft agility.

•

The method may not be as effective in avoiding hub moment limit violations that
might occur due to feedback, for example due to a strong gust disturbance.

•

The hub moment limiting method presented here could also be applied to any model
following controller as long as the controller accurately tracks pilot commands.

5.2.3 Torque Limit

A torque limiting system was evaluated in piloted simulations and for UAV
applications.

For trajectory tracking in UAVs, an Inner Loop – Outer Loop type

controller structure was implemented with the adaptive model inversion controller
forming the inner loop. The inner loop constraints for torque limit were converted to the
constraints on the outer loop command. Conclusions drawn for the torque limiting
implementation are (Chapter 4):
•

Torque limit in rotorcraft is coupled to both the longitudinal and vertical axis. It
effectively results in limits on vertical velocity and forward acceleration.

•

Previously developed dynamic trim approach was not applicable to accelerating flight
associated with pitch angle command due to absence of quasi-steady trim. But it was
more accurate than the energy limit approach because it accounts for aircraft
dynamics.

The present method combined the two approaches into one unified

approach that generated coupled constraints in both longitudinal and vertical axis.
•

Piloted simulation results showed the aircraft can achieve maximum rate of climb,
maximum forward acceleration or maximum forward velocity without exceeding the
torque limit in steady state.
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•

When the aircraft approaches constraints in the longitudinal axis, it will also approach
vertical axis constraints. The converse is also true. This is because the constraints in
each axis are associated with the same limit – torque. Thus an aircraft operating at its
maximum forward acceleration cannot climb, and an aircraft operating at its
maximum rate of climb cannot accelerate. As a result the constraints are highly
coupled.

•

For all the maneuvers, steady state torque stayed close to the limit. As the limit was
specified on the steady state torque, violation of this limit during transients is
acceptable. Usually, limits on transient peak are higher than the steady state limits.

•

The vertical axis maneuver did not result in any change in forward velocity. The
forward acceleration maneuver resulted in some change in altitude because of the
tilting of the thrust vector.

For simultaneous vertical and longitudinal axis

commands, the system resulted in giving preference to the longitudinal axis
command. The algorithm was also effective for off-axis command input of roll angle.
•

The torque limiting algorithm developed here is not restricted to using adaptive model
inversion controller and can be applied to any model following controller.

5.3 Outer Loop Constraints for UAV Application

The envelope protection system generated constraints on inner loop command.
Implementing them as it is in the Inner Loop – Outer Loop controller structure places
saturation limits in closed loop feedback path. This causes integrator windup in the
presence of an integral action in the outer loop controller and degrades the aircraft
response. An outer loop constraint method was developed for moving the constraints
outside the closed loop feedback loop (Chapter 4).

Conclusions drawn on the

implementation of this method are:
•

The outer loop constraint method was effective in avoiding the integrator windup.
Implementation of this method resulted in smaller transient peaks and small settling
times compared to the system with feedback loop saturation limits.
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•

The method does not require any modifications to the controller transfer functions.

•

The method for generating outer loop constraints was relatively simple if the outer
loop controller had a non-zero feed-forward gain. For the controller with zero feedforward gain, the outer loop constraints were generated using a controller transfer
function that provides the same low frequency response as the original controller.

•

For the controller with non-zero feed-forward gain, this method resulted in the
commanded input not exceeding the specified limit. For the controller with zero
feed-forward gain, the command input slightly violated the specified limit, and this is
because the constraints were calculated using a slightly different transfer function
than the controller. In spite of that, the system provided significant improvement
compared to the system with saturation limits in feedback path. Conservative limits
can be used to avoid this drawback. Also the controllers with zero feed-forward gain
are relatively rare compared to the controllers with non-zero feed-forward gain.

•

This method can be applied in a cascading fashion to move the saturation limits
outside of 2, 3 or more feedback loops.

•

This method is not restricted to PID controllers, but it is restricted to linear
controllers.

5.4 Future Work

Guidelines for the future study are:
•

A number of different algorithms for implementing envelope protection system in
existing and modern rotorcraft have been discussed in this thesis. These algorithms
require response functions and parameters that were generated off-line.

These

parameters may very with aircraft weight and C.G. configurations, for example,
addition of pylons for additional weapons capability. In the future, it is desirable to
obtain these parameters and response function through online estimation or using an
adaptive scheme to update them in real-time.
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•

An effective method needs to be developed for cueing or limiting of a limit that
generates constraints on multiple axes, e.g. torque limit with constraints in
longitudinal and vertical axes. For piloted rotorcraft with an active control stick, pilot
can achieve a desirable compromise between the two limits. But for UAVs, a logical
system needs to be developed that will make the decision to favor one limit over the
other depending on the flight condition.

•

The envelope limiting system needs to be integrated with the Health Usage
Monitoring system. For example, if the gearbox undergoes through a high stress
cycle due to emergency maneuvers, it will reduce the maximum torque the gearbox
can carry for safe operations. An onboard health usage monitoring system will
provide a reduced torque limit for safe operation which can be utilized by the
envelope limiting system to provide safe flight with reduced maneuverability.

•

Envelope limiting system can be used to protect the aircraft against a number of
controllability limits, for example, loss of tail rotor authority for high speed or decent
conditions. It can also be used to avoid certain aggressive maneuvers which result in
high blade stress or excessive noise.

•

It is necessary to quantify the benefits of implementing envelope protection system.
Handling Quality ratings can be used to quantify improvement in pilot workload.
This thesis uses an integrate hub moment limit exceedance factor as a primitive
measure of fatigue load. A better measure needs to be incorporated to accurately
quantify improvements in fatigue loads.

•

Envelope limiting capability can be used in the design phase to reduce excessive
structural limit margins. But, some limits are highly critical for safe flight and can’t
be reduced even after implementing an envelope protection system. A study needs to
be conducted to identify limits that offer significant weight savings or performance
improvement by implementing an envelope protection system. This can be used as a
guideline during the design phase.

•

Implementing an envelope protection system requires significant amount of software
coding. It is necessary to develop strict reliability standards that offer safe flight even
after multiple system failures.
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•

The outer loop constraint approach for UAV applications was evaluated in this thesis
for single-input single-output (SISO) controller transfer function. Future work may
involve extending this method of multi-input multi-output transfer functions.

•

For UAV applications, obstacle avoidance can be implemented as an envelope limit
by considering it as a limit on aircraft position, which can be converted to limits on
velocities.

•

A path planning algorithm in UAVs should use the constraints calculated by the
envelope limiting system to generate obstacle free path without violating any
envelope constraints.

•

Envelope limiting system has wide applications in control system design.

For

example, in turboprop engines, surge and over-temperature generates maximum limit
on the fuel flow rate and engine flame-out places minimum limit on the fuel flow rate
[81]. An envelope protection system will provide an efficient solution to limit the
fuel flow rate.
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Appendix A
Literature Survey: Limit Avoidance Algorithms

This appendix provides a mathematical description of the important limit
avoidance algorithms.

A.1 Fixed Time Horizon Prediction Method

[Ref. 16] The prediction horizon is a fixed time in the future at which the limit
parameter is expected to reach its peak value. A functional relationship can be developed
to predict the value of the limit parameter at that future time using current values of state
vector and control input,

y ( t + Δ t ) = f ( x , u, t )

(A.1)

A neural network can be used to map such a function using actual or simulation
flight test time history data. Typical horizon times considered in the Ref. 16 are between
0.25 to 0.46 seconds. It gives the pilot sufficient time to take corrective actions.

A.2 Dynamic Trim Algorithm

[Ref. 24] The term Dynamic trim refers to a quasi-steady maneuvering flight
condition. The dynamic trim algorithm uses neural networks to calculate the control
deflections in dynamic trim which result in the flight envelope limit exceedance. The
information provided by neural networks is then used to provide tactile cues through the
variable force feel controllers. If the aircraft states are classified into fast states and slow
states, the fast states are flight parameters with relatively quick dynamics and achieve a
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steady state in dynamic trim. Slow states are the states with relatively slow dynamics and
their value varies during the dynamic trim.

(

)

(

)

(

x& f = g f x f , xs , u ; x& s = gs x f , xs , u ; y = h x f , xs , u

)

(A.2)

Here, y is the limit parameter and u is the control input. The slow states ( x s )
include the flight parameters such as body velocities, while the fast states ( x f ) are
angular rates, rotor states etc. The dynamic trim corresponds to the flight condition
where fast states have reached the equilibrium.

(

)

g f x f , x s , u = 0 ⇒ x f = g$ f ( x s , u)

(A.3)

Thus the aircraft response in the quasi-steady flight condition can be expressed in
terms of slow states and control input.

(

)

y = h g$ f ( xs , u), xs , u = h$( xs , u)

(A.4)

A neural network can be used to model this function using simulation or flight test
data. One can find the sensitivity of the limit parameter to the control input through
perturbation. The difference between the limiting value and the value predicted by the
function in Eq. A.4 is a measure of how far the aircraft is from reaching the limit. Using
this value and the sensitivity of the limit parameter to the control input, one can find the
stick position which will reach the limit,

ulim = u +

∂ h$
y − h$( x s , u)
∂ u lim

(

)

(A.5)

The prediction becomes more accurate as the aircraft approaches the limit.

A.3 Peak Response Estimation Algorithm

[Ref. 26] The peak response critical limits require limiting the transient peak of
the response. The algorithm is designed to estimate the transient peak of the limited
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parameter that occurs immediately after the control input. The algorithm needs only to
predict a very near term response of the limited parameter, typically less than two
seconds. Hence, the linear model of fast dynamics of the rotorcraft provides sufficient
model for the prediction. The dynamics of the limited parameter can be described as a
linear single input single output state variable model:
Δ x& = AΔ x + bΔ u
Δ y = CΔ x

(A.6)

where Δy, Δx, and Δu are the perturbation of the limited parameter, the state
vector, and the control input from equilibrium:

Δ x = x − x e ; Δ u = u − ue ; Δ y = y − y e

(A.7)

The response of the above system to the step input from non-zero initial condition
can be written as:
y (t ) = Δ y (t ) + y e = y e + Ce At Δ x 0 + CA −1 (e At − I )bΔ u

(A.8)

The initial condition for the output vector can be used in place of the equilibrium
value of the output

y 0 ≡ y (0) = y e + CΔ x 0
y ( t ) = y 0 + E1 (t ) Δ x 0 + E 2 (t ) Δ u

where E1 (t ) = C(e

At

− I ); E 2 (t ) = CA

−1

(e

At

− I )b

(A.9)

The Δu term is now the magnitude of a step input into the control. In the realtime algorithm, at each frame of execution, the current measured (or estimated) value of
the state vector and the limit parameter are used as the initial condition. The peak
response can then be expressed as the maximum and/or minimum value of y(t) over some
time interval. A constraint on the control (a softstop location) can then be calculated by
solving for the magnitude of a control step input that causes the peak response to just
reach a limit.
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Solve for Δ u such that

[
min[ y

]
+ E ( t ) Δ u] = y

max y0 + E1 (t ) Δ x0 + E2 (t ) Δ u = ylim,u
t

t

0

+ E1 (t ) Δ x0

2

(A.10)

lim,l

The solution can be achieved using an iterative search algorithm. The solution
can be done in a computationally efficient manner by: 1) Calculating offline and storing
the values of the E1 and E2 matrices for some time range (for some set of fixed time
intervals), 2) Constraining the search to the maximum control range and using a bisection
algorithm with guaranteed convergence. Thus, based on the current value of the limited
parameter and state vector (y0 and x0), the algorithm finds the control input that causes the
limit to be reached in the peak response.

A.4 Adaptive Neural Network Based Algorithm

[Ref. 46] The close loop dynamics of the aircraft can be represented using the
following nonlinear equations:
x& = f ( x , u); x (t 0 ) = x 0

(A.11)

where x is state a vector with unknown initial conditions x0 , and u is the controller
command vector. The function f is assumed to be continuous and satisfies the global
Lipshitz condition. Moreover, for any finite initial condition the solution of the above
equation does not escape in finite time. The state vector can be divided into fast and slow
variables such that,

(

)

(

)

[

x& f = f 1 x f , x s , u ; x& s = f 2 x f , x s , u ; x = x f x s

]

T

(A.12)

The slow states include the flight parameters such as forward speed and Euler
angles, whereas angular rates can be considered as fast states. The relationship between
limit parameter y and aircraft states can be written as,

(

y = g x f , xs , u

)

(A.13)
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The dynamic trim condition corresponds to:
x& f = 0

(A.14)

Using this condition, the dynamic trim value of the limit parameter can be
obtained as,

(

y DT = g x fDT , x s , u

)

(A.15)

where ‘DT’ corresponds to dynamic trim values. A linear approximation can be used to
represent the fast states dynamics,

[

]

(

x s + B1u + ξ 1 x f , x s , u

x& f = A1 x f

)

(A.16)

where ξ 1 represents the modeling error. This error can be approximated using neural
network. Let x$ f denote the estimation for fast states. Then,

[

]

x&$ f = A1 x$ f

(

x s + B1u + Δ 1 x$ f , x s , u

)

(A.17)

where Δ 1 is the neural network estimation of the error ξ 1 . Applying the condition of
dynamic trim,

[

x&$ fDT = 0 = A1 x$ fDT

]

(

x s + B1u + Δ 1 x$ fDT , x s , u

)

(A.18)

The prediction for limit control vector can be obtained by solving the following
set of algebraic equations,

[

A1 x$ fDTlim

(

]

(

)

xs + B1u$lim + Δ 1 x$ fDTlim , xs , u$lim = 0

y DTlim = g x$ fDTlim , xs , u$lim

)

(A.19)

The computational complexity is significantly reduced if the limit parameter yp is
available for measurement. The dynamic of the limit parameter can be approximated
using first-order differential equation, by assuming a unique mapping between the current
values of fast states and the limit parameter,
y& = h( y , x s , u)

(A.20)
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Using a linear approximation of above equation,
y& = A2 y + B2 u + ξ 2 ( y , x s , u)

(A.21)

where ξ 2 is the modeling error. Representing the estimation of the limited parameter
using y$ ,
y&$ = A2 y$ + B2 u + Δ 2 ( y$ , x s , u)

(A.22)

where Δ 2 is the neural network approximation of the modeling error. Applying the
dynamic trim condition, the prediction for the limit control vector can be obtained by
solving the following equation:
y&$ = 0 = A2 y$ DT + B2 u$lim + Δ 2 ( y$ DT , xs , u$lim )

(A.23)

The algorithm has been tested using two different adaptive networks: Linear
Parameterized neural Networks (LPNN) and Single Hidden Layer Neural Networks
(SHLNN).

SHLNN has better learning capability than LPNN.

A mathematical

description for LPNN can be written as,

f ( x ) = Wβ (π )

(A.24)

where π is the network input vector, β are the network basis functions and W are the
network weights. A sigma-pi network is a class of LPNN for which the network basis
functions are powers and cross products of the input data.

SHLNN can be

mathematically described as,
f ( x ) = M T σ ( N T x + θn ) + θm

(A.25)

where N and M represent the second and third layer of neural network weights
respectively (first layer corresponds to inputs and third layer corresponds to outputs). θm
and θn are the bias terms. A commonly used activation functions ( σ ) is,

σ (η) =

1
1 + e − aη

(A.26)
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